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ABSTRACT 


This  handbook  contains  analytical  methods  and  stability 
data  for  determining  the  dynamic  stability  and  control 
characteristics  of  generalized  single-rotor  compound  helicop¬ 
ter  configurations.  The  methods  use  calculation  procedures 
which  are  considerably  simplified  through  the  extensive  use 
of  information  presented  in  graphs  and  charts.  These  charts 
are  applicable  to  articulated,  teetering,  and  hingeless  rotor 
systems  and  cover  a  range  of  flight  conditions  from  hover  to 
high  forward  speeds. 

The  charts  for  low  forward  speeds  (advance  ratios, .< 

0.2)  were  obtained  from  the  rotor  performance  data  based  on 
classical  rotor  theory.  However,  the  high-speed  charts 
(  /j.  >0.3)  exclude  the  major  assumptions  of  classical  theory 
and  include  blade  compressibility,  stall,  reverse  flow,  large 
inflow  ratios,  etc. 

The  information  presented  herein  is  suitable  for  extensive 
digital  and  analog  computer  studies  as  well  as  for  rapid  manual 
computations  such  as  required  for  preliminary  design  applica¬ 
tions. 
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normal  force  of  auxiliary  propulsion  unit, 
positive  up,  lb 
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period  of  oscillation,  sec 
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for  jet  deflection  due  to  slipstream  from  the  jet 
axis  to  the  elevator  hinge  line 

radial  distance  from  jet  thrust  axis  to  the 
elevator  hinge  line 

area  of  an  aerodynamic  surface,  ft^;  also  pro¬ 
peller  side  force 

constant  as  defined  in  the  text 

semi  span  of  wing,  b^/2 

rotor/propeller  thrust,  force  acting  along  the 
shaft  or  control  axis,  lb 
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insjan£ane$us  velocity  vector 
=  u  i  +^)  +  w  K  ,  ft/sec 

steady  state,  or  trim  value  of  the  resultant 
velocity  vector  +v0  +w0 ,  ft/sec 

velocity  of  sound  in  standard  atmospheric  condi¬ 
tion,  ft/sec 

lateral  velocity  component  along  body  Y-axis 
=  v0  +  v  ,  positive  to  the  right,  ft/sec 

rotor  induced  velocity,  ft/sec 

aircraft  gross  weight,  lb 

normaJL  velocity  component  along  body  Z-axis, 

=w0tw,  positive  down,  ft/scc 
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Longitudinal  force  along  body  X-axis,  positive 
forward,  lb 


Xu,X0 .  total  stability  derivatives  of  the  longitudinal 

X-f orce 

x  distance,  parallel  to  the  direction  of  airflow, 

between  the  wing  quarter  chord  point  at  the  root 
and  the  horizontal  tail  quarter  chord  point 

Xj  axial  distance  upstream  from  a  jet  exit  nozzle 

at  which  a  jet,  in  accordance  with  the  law  of 
jet  spreading  that  holds  at  large  distances  from 
the  exit,  would  have  zero  cross  section 

xt  is  the  chordwise  position  of  maximum  thickness 

x,  the  axial  distance  along  the  jet  thrust  axis  from 

the  theoretical  origin  of  the  jet  (  xj  )  to  a 
perpendicular  to  the  elevator  hinge  line 

Y  lateral  force  along  the  body  Y-axis,  positive  to 

the  right,  lb 

YViYj>, _  total  stability  derivatives  of  the  lateral  Y- 

force 

y  aerodynamic  control  span  ordinate  from  plane  of 

symmetry,  ft 

Z  normal  force  along  the  body  Z-axis,  positive 

down,  lb 

ZU(Zg .  total  stability  derivatives  of  the  normal  Z- 

f  orce 

A  amplitude  of  an  oscillation 

a  remote  wind  angle  of  attack  relative  to  body 

X-axis , tan-1  (w/u)  positive  nose-up,  rad 

ac  rotor  angle  of  attack;  angle  between  axis  of  no 

feathering  and  a  plane  perpendicular  to  flight 
path,  positive  when  axis  is  inclined  rearward,  rad 

fi  blade  flapping  angle  =  a0-o,  cos'4/-b,sinvI/  ,  rad; 

also  Prandtl-Glauert  compressibility  correction 
factor  y  l-M2 
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aircraft  sideslip  angle  =ton~'(v/u)  ,  positive 

when  wind  vector  is  to  the  right  of  body  X-axis, 
rad 

rotor  dihedral  angle  =  iF  —  iR  ,  rad 
Lock  inertia  number  =  pocR  / 1 1> 
aircraft  climb  angle,  rad 

discriminant,  increment,  or  perturbation  from 
trim 

aileron  deflection  angle,  right  aileron  up  is 
positive,  rad 

elevator  deflection  , ngle,  positive  down,  rad 

rudder  deflection  angle,  trailing  edge  left  is 
positive,  rad 

blade  drag  constants  defining  drag  polar 

downwash  interference  angle,  rad 

constants  as  defined  in  the  text 

dimensionless  distance  from  plane  of  symmetry  to 
edge  of  flap  or  control  surface ,  y/(b/2) 

blade  collective  pitch  =  J@C  +  0S  »  rad 

pitch  attitude,  positive  nose-up,  rad 

blade  collective  pitch  due  to  pilot  control 
input,  rad 

blade  collective  pitch  due  to  stability  augmen¬ 
tation  system  input,  rad 

blade  section  pitch  angle  at  0.75  rotor  radius, 
rad 

collective  pitch  at  blade  root,  rad 

blade  twist  angle  per  unit  spanwise  distance, 
rad 

constants  for  solidity  correction  of  local  stab¬ 
ility  derivatives 
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ratio  of  actual  to  theoretical  two-dimensional 
lift  curve  slope,  o0/2v 
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operator  =  d(  )/df  ;  also  aerodynamic  surface 
sweepback  angle,  positive  rearward,  deg 

rotor  inflow  ratio  =  (V0  sin  ac-vj)/riR  ,  also 
lifting  surface  taper  ratio  cr|p/cR00T 

rotor  tip  speed  ratio  =  V0CGsac/£lR 

constant  as  defined  in  the  text 

constants  as  defined  in  the  4  •;xt 

constant  =  3.14 

3 

air  density,  slug/ft 
summation 

rotor  solidity  =  bc/7rR 

constant  as  defined  in  the  text 

time  constant;  also  airfoil  section  trailir.g- 
edge  angle,  deg 

taper  ratio  correction  factor 

phase  angle,  rad 

aircraft  roll  attitude,  positive  to  the  right, 
rad 

rotor  wake  angle  =  o(  +  1an~'{-/i./X)  ,  rad 

generalized  body  space  angle,  rad 

vectorial,  angular  displacement  relative  to 
body  X,  Y,  Z  axes  =  <£i  +  ,  rad 

blade  azimuth  position,  rad 

aircraft  yaw  attitude,  positive  nose  to  the  right, 
rad 

rotor  rotational  speed,  rad/sec 
nondimensional  rotor  frequency  parameter,  u>|/X2 
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first  natural  flapping  frequency  of  rotor,  rad/sec 

instantaneous  angular  velocity  vector 
=  pi  +  qj  +rk  ,  rad/sec 

perpendicular  to 
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aerodynamic 
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SECTION  I.  INTRODUCTION 


In  recent  years  a  considerable  portion  of  the  U.  S.  Army 
research  activity  in  the  rotary-wing  field  has  been  directed 
toward  improving  the  high-speed  performance  of  the  helicopter. 
The  design  approach  which  emerged  for  alleviating  the  high¬ 
speed  rotor  blade  stall  and  compressibility  problems  has  been 
to  unlcad  the  rotor  by  adding  wings  to  generate  lift  and 
auxiliary  thrust  devices  for  additional  propulsion.  Since  the 
means  for  producing  lift  and  propulsive  thrust  on  the  helicop¬ 
ter  have  now  been  compounded,  this  configuration  is  commonly 
referred  to  as  a  compound  helicopter.  The  compound  helicopter 
is  flown  as  a  conventional  helicopter  in  the  low-speed  range. 
However,  as  forward  speed  is  increased,  the  lift  requirement 
of  the  rotor  is  reduced  as  the  load  is  transferred  more  to 
the  wing,  and  also  the  forward  propulsion  requirement  is 
shifted  more  from  the  rotor  to  the  auxiliary  propulsion  system. 
Rotor  stall  problems  are  thus  alleviated  by  the  unloading  of 
the  rotor,  and  since  the  rotor  can  now  be  slowed  down,  the 
compressibility  problems  are  avoided. 

Although  the  performance  objectives  of  many  of  the  compound 
helicopters  now  flying  were  attained,  many  new  stability  and 
control  problems  appeared  that  still  require  extensive  investi¬ 
gation  in  order  to  achieve  satisfactory  flying  qualities.  Some 
of  the  problems  arose  because  the  level  of  control  moment 
available  from  the  unloaded  rotor  was  reduced,  while  the 
increased  inertia  and  air  load  damping  of  the  wings  increased 
the  control  moment  requirements.  A  solution  tc  this  problem 
was  found  by  integrating  conventional  aircraft  control  surfaces 
into  the  control  system  to  augment  the  control  available  from 
the  rotor  at  high  speeds.  However,  many  other  stability  and 
control  problems  associated  with  compound  helicopters  are 
still  being  investigated  and  have  yet  to  be  resolved. 

One  of  the  most  important  considerations  in  the  design  of  a 
compound  helicopter  is  to  provide  the  aircraft  with  adequate 
dynamic  stability  and  control  characteristics  consistent  with 
its  performance  and  mission  requirements.  Therefore,  stability 
and  control  analyses  have  become  an  important  part  of  the 
preliminary  design  of  compound  helicopters. 

The  prime  objective  of  this  program  is  to  summarize  the 
existing  state  of  the  art  of  compound  helicopter-  dynamic 
stability  and  control  and  to  provide,  under  one  volume, 
systematic  engineering  methods  for  predicting  the  dynamic 
stability  and  control  characteristics  of  generalized  compound 
helicopter  configurations. 
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The  stability  methods.  procedures,  and  data  contained  nerein 
represent  a  revision  and  expansion  of  the  work  performed  under 
US  AAV  LABS  Contract  DA44-L'7-AMC-197(T) ,  and  published  as 
USAAVLABS  Technical  Report  67-63.  August  1467. 

The  present  handbook  incorporates  recently  published  rotor 
performance  data  and  stability  charts  covering  the  forward 
speed  range  from  hovering  to  advance  ratio  of  fj.  -  1.0. 

The  stability  data  for  advance  ratios  to  fi  <  0.3  was  derived 
from  classical  rotor  theory,  whereas  the  data  from  /x  =  0.3 
to  fi  -  1.0  include  the  effects  of  rotor  blade  compressibility, 
reverse  flow,  and  blade  stall.  The  stability  methods  presented 
herein  apply  to  fully  articulated,  teetering,  and  hingeless 
configurations  and  are  suitable  for  prelir  Lnary  design  purposes 
as  well  as  for  extensive  digital  and  analog  compute  »•  studies. 

The  compound  helicopter  equations  of  motion  presented  in  this 
handbook  are  derived  without  resorting  to  simplifying  small 
angle  ssumptions  or  any  decoupling  of  the  longitudinal  from 
the  lateral -directional  degrees  of  freedom.  They  include  six 
degrees  of  freedom  of  aircraft  motion,  and  three  degrees  of 
freedom  of  stability  augmentation  system.  The  analyses  apply 
to  absolutely  arbitrary  (non-zero)  aircraft  attitudes  and 
angular  rates  and  as  such  they  can  be  used  for  maneuvering 
flight  conditions  as  well  as  for  steady  level  flight.  Although 
this  handbook  deals  specifically  with  single  rotor  compound 
helicopters,  provisions  are  made  for  analyses  of  tandem  rotors 
or  any  other  types  of  compound  helicopter  configurations. 

The  analytical  methods  presented  herein  have  been  verified 
against  the  recently  available  flight  test  data  of  typical 
compound  helicopters.  Good  correlations  thus  obtained  indicate 
that  the  analytical  stability  methods  presented  in  this  hand¬ 
book  are  well  within  the  required  degree  of  accuracy,  and  as 
such  they  can  be  confidently  used  for  predicting  the  dynamic 
stability  and  control  characteristics  of  generalized  compound 
helicopter  configurations. 

Comments  concerning  this  work  are  invited  and  should  be  directed  to  the 
Eustis  Directorate,  U.  S.  Army  Air  Mobility  Research  and  Development 
Laboratory,  Fort  Eustis,  Virginia  23604. 


SECTION  2.  GUIDE  TO  THE  HANDBOOK 


The  main  objective  of  this  handbook  is  to  provide,  under  one 
cover,  a  comprehensive  summary  of  analytical  methods  for 
predicting  stability  and  control  characteristics  of  generalized 
compound  helicopter  configurations. 

The  handbook  is  organized  in  such  a  way  that  it  is  self- 
sufficient.  For  a  given  flight  condition  and  configuration, 
the  complete  set  of  stability  derivatives  can  be  calculated 
and  the  required  compound  helicopter  stability  and  response 
characteristics  can  be  determined.  The  use  of  reliable  test 
data,  especially  for  the  fuselage  characteristics,  is  strongly 
recommended. 

The  various  sections  of  the  handbook  have  been  numbered  with  a 
decimal  system  which  provides  maximum  flexibility  for  revising, 
deleting,  or  supplementing  any  of  the  material,  with  a  minimum 
disturbance  to  the  remainder  of  the  volume.  The  following 
pattern  was  developed  for  the  numbering  system: 

Section:  An  orderly  numbering  system  is  used,  with 

numbers  having  not  more  than  two  parts 
separated  by  a  decimal  point,  e.g.,  3.2  or 
10.1. 


Subsection: 

Subsections  have  numbers  with  more  than  two 
parts,  e.g.,  3.1.2  or  10.2.1. 

Page : 

The  page  number  consists  of  the  section 
number  followed  by  a  dash. 

Example:  Page  3.1-20. 

Figures: 

Figure  numbers  follow  a  numerical  sequence 
starting  from  1  for  each  section. 

Tables: 

Table  numbers  follow  a  numerical  sequence 
starting  from  I  for  each  section. 

Equations : 

Equation  numbers  (where  required)  follow  a 
numerical  sequence  starting  from  1  for  each 
section. 

References: 

References  are  located  at  the  end  of  each 
section.  References  are  numbered  in 
sequence  starting  from  1. 
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The  overall  organization  of  the  handbook  proceeds  in  a 
computational  sequence  from  the  general  to  the  particular. 
Hence,  the  equations  of  motion  are  presented  before  the 
total  derivatives,  which  in  turn  precede  the  local  and  iso¬ 
lated  derivatives. 

For  digital  computer  work,  the  general  equations  of  motion, 
Section  4,  can  be  used  directly.  For  analog  computer  work 
or  hand  calculations,  the  stability  characteristics  of  a 
helicopter  are  obtained  by  proceeding  as  follows: 

Determine  trim  conditions  .  Section  5 

Determine  the  isolated 

derivatives  Section  7.5 

Correct  the  isolated 
derivatives  for  rotor 

solidity  Section  7.4 

Determine  local 

derivatives  Section  7.3 

Determine  total 

derivatives  Section  7.1 

Determine  characteristic 

equation  Section  8.1 

Determine  roots  of  the 

characteristic  equation  .  Section  8.5 

Determine  control 

derivatives  Section  7.2 

Determine  response 

to  control  input  Section  10 

The  effects  of  variations  of  the  main  design  parameters  on  the 
dynamic  stability  and  control  characteristics  of  compound 
helicopters  can  be  used  directly  for  preliminary  design 
applications. 
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SECTION  3.  DEFINITIONS 


3.1  DEFINITION  CF  AXIS  SYSTEM 


Sketch  I  below  shows  a  ri  ght -ong  i  ed  coordinate  avis 
system  commonly  used  in  stability  work. 


X 


Y 


Sketch  1.  Definition  of  Axis  System. 


In  analyzing  aircraft  stability,  a  variety  of  reference 
axes  can  be  used.  Descriptions  of  various  axes  systems 
are  presented  in  References  1  and  2. 

In  general,  the  choice  of  the  appropriate  reference  avis 
depends  on  the  nature  of  the  stability  problem  and  the 
aircraft  configuration  to  be  analyzed. 

The  most  common  systems  of  reference  axes  presently  in 
use  are: 

(a)  Gravity  Axes 

(b)  Stability  Axes 

(c)  Wind  Axes 

(d)  Body  Axes 

The  following  subsections  contain  brief  descriptions  of 
these  axes  systems. 
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3.1.1  Gravity  Axes 


Gravity  axes  refer  to  a  right-handed  system  of  Cartesian 
coordinates  with  the  origin  either  fixed  at  a  point  on  the 
surface  of  the  earth  or  fixed  at  the  aircraft  mass  center 
(moving  with  the  aircraft'). 

In  each  case,  the  Z-axis  is  pointing  to  the  center  of  the 
earth  (positive  downward),  the  X-axis  is  directed  along  the 
horizon  (positive  forward),  and  the  Y-axis  is  oriented  to 
form  a  right-handed  orthogonal  axes  system  (positive  towards 
right) . 

The  gravity  or  earth  fixed  axes  are  primarily  useful  as  a 
reference  system  for  the  gravity  vector,  aircraft  altitude, 
horizontal  distance,  and  orientation.  The  use  of  these  axes 
introduces  certain  simplifications  in  the  stability  analyses, 
in  that  the  linear  velocity  components  (u,  v.  w)  along  X,  Y, 

Z  axes  are  independent  of  aircraft  rotation  about  the  C.G.  and 
are  only  functions  of  aircraft  translation  and  the  climb  angle 
(y-).  It  follows  that  in  the  derivation  of  the  equations  of 
motion,  the  aerodynamic  force  contribution  is  accounted  for 
through  the  sine  or  cosine  of  climb  angle  (yc).  Further 
simplifications  occur  for  level  flight  (  yc  =  0).  However, 

the  use  of  gravity  axes  introduces  rather  cumbersome  corrections 
to  aircraft  inertia  terms  and  products  of  inertia  in  accounting 
for  aircraft  rotation. 


3.1.2  Stability  Axes 

The  stability  axes  represent  a  right-handed  system  of  Cartesian 
coordinates,  with  the  origin  located  at  the  aircraft  C.G.  and 
with  the  axes  chosen  so  that  the  positive  X-axis  points  in  the 
direction  of  motion  of  the  airplane  (into  the  relative  wind) 
in  a  reference  condition  of  steady  trimmed  flight.  The  Z-axis 
is  perpendicular  to  the  relative  wind  in  the  reference  condi¬ 
tion  and  is  positive  downward;  the  Y-axis  is  oriented  to  form 
a  right-handed  orthogonal  axis  system  (positive  to  the  right). 
The  stability  axes  remain  fixed  to  the  aircraft  during  the 
transient  conditions  or  perturbed  motion. 

The  use  of  stability  axes  eliminates  the  terms  wQ  and  vQ  which 
are  zero  in  steady  symmetric  flight  and  thus  introduces  sub¬ 
stantial  simplifications  into  the  aerodynamic  terms.  In 
addition,  the  use  of  stability  axes  enables  the  aerodynamic 
forces  and  moments  at  the  trimmed  condition  to  the  estimated 
directly  from  wind-tunnel  results  which  are  automatically 
resolved  parallel  and  perpendicular  to  the  wind  when  using  a 
tunnel-fixed  balance. 


In  this  system,  the  only  linear  velocity  component  that  re¬ 
mains  is  u,  which  is  independent  of  aircraft  rotation  (as  in 
the  case  of  gravity  axes)  and  represents  perturbation  of  the 
forward  velocity  vector.  However,  the  moment  and  product  of 
inertia  terms  will  generally  vary  for  each  initial  flight 
condition  since  the  axes  will  be  differently  oriented  m  the 
aircraft  for  each  trim  condition.  In  general,  these  terms 
are  assumed  to  be  constant  in  the  equations  of  motion.  This 
limits  the  use  of  the  stability  axes  system  to  small  distur¬ 
bance  motions. 


3.1.3  Wind  Axes 

The  wind  axis  system  is  a  right-handed,  orthogonal  system  of 
axes,  with  the  origin  located  at  the  aircraft  C.G.  and  with 
the  axes  chosen  so  that  the  positive  X-axis  always  points 
into  the  relative  wind.  The  Z-axis  is  perpendicular  to  the 
relative  wind  and  is  positive  downward,  and  the  Y-axis  is 
oriented  to  form  a  right-handed  orthogonal  axis  system 
(positive  to  the  right). 

The  wind  axes  are  primarily  useful  as  a  reference  system  for 
wind-tunnel  measurements  taken  with  a  tunnel-fixed  balance. 
In  flight  where  the  aircraft  moves  about  the  wind  axes,  the 
moments  cf  inertia  and  products  of  inertia  are  constantly 
varying.  Thus  the  wind  axis  system  can  only  be  used  to 
analyze  aircraft  motions  when  the  changes  in  moments  of 
Inertia  and  products  of  inertia  can  be  assumed  to  be 
negligible. 


3.1.4  Body  Axes 

The  body  axis  system  refers  to  a  right-handed,  orthogonal 
system  of  axes  fixed  at  aircraft  C.G. ,  rotating  and  translating 
with  the  aircraft.  The  X-axis  is  aligned  along  a  reference 
line  (datum  line)  fixed  to  the  vehicle  (positive  pointing 
forward).  The  Z-axis  is  perpendicular  to  X-axis,  positive 
toward  the  bottom  of  the  vehicle.  The  Y-axis  is  mutually 
perpendicular  to  X  and  Z,  positive  when  pointing  to  the  right. 

The  use  of  the  axes  fixed  to  the  vehicle  insures  that  the 
inertia  terms  in  the  equations  of  motion  are  constant 
(independent  of  flight  conditions);  furthermore,  by  coinciding 
one  of  the  body  axes  with  a  principal  axis  of  inertia,  certain 
products  of  inertia  terms  can  be  eliminated.  In  this  axis 
system,  the  aerodynamic  forces  and  moments  depend  on  relative 
velocity  orientation  with  respect  to  the  body  as  defined  by 
the  angles  a  and  /3S  . 
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Body  axes  are  particularly  useful  in  the  study  of  aircraft 
dynamics,  since  velocities  and  accelerations  with  respect  tc 
these  axes  are  the  same  as  those  that  would  he  experienced  by 
a  pilot  or  would  be  measured  by  the  instruments  mounted  in 
the  aircraft. 

3.1.5  Choice  of  Axes 

Since  it  is  more  convenient  to  express  the  aerodynamic  and 
gravitational  forces  and  moments  with  respect  to  body  axes 
than  to  express  inertia  forces  and  moments  with  respect  to 
wind  stability  or  gravity  axes,  a  body  axis  coordinate  system 
has  been  selected  for  the  work  in  this  handbook. 

For  this  axis  system,  the  following  definitions  are  made: 

(a)  Linear  Velocities 


V  =  ui  +  v  j  +  wh 

In  the  above  definition,  the  velocity  components 
u,  v,  and  w  consist  of  the  sum  of  initial  (trim) 
values  u  ,  v  ,  and  w  and  of  their  perturbation 
values,  respectively. 

(b)  Angular  Displacements 
X  1  0i  +  $j  +  '//K 

(c)  Angular  Velocities  About  C.G. 


w  =  p  i  +  q  j  +  r  k 


(d) 


Forces 


(e'i  Moments 


M  =  <*£  i  +  Mj+Nk 
(f)  Moment  Arms 

£  =  j2xi  +  jlyj+i2k 
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3.2  STABILITY  VARIABLES 


I  ^ 


3.2.1  Independent  Variables 

Following  are  the  selected  independent  stability 
variables  * 

(a)  Linear  Velocity  Components  (ft/sec)  u,  v  and  w  - 
defined  in  Subsection  3.1.4(a) 

(b)  The  Angular  Displacements  (radians)  0,0,  and  0  ~ 
defined  in  Subsection  3.1.4(b) 

3.2.2  Dependent  Variables 

(a)  Free-Stream  Angle  of  Attack  (radians) 

a  =  tan  vu' 

The  perturbation  angle  of  attack  is  given  by: 


(b)  Sideslip  Angle  (radians) 

_  -i,  v_. 

Ps=  tan  v  u  ■ 

The  perturbation  sideslip  angle  is  given  by: 


(c)  Interference  Angles  (radians) 

Changes  of  local  velocity  due  to  aerodynamic  inter¬ 
actions  are  accounted  for  by  the  interference  angles 
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3.3  ILLUSTRATION  OF  PARAMETERS  AND  SIGN  CONVENTION 


A  typical  single-rotor  compound  helicopter  configuration, 
along  with  the  definition  of  the  parameters  and  sign 
conventions  used  herein,  is  presented  in  Figure  1. 
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SECTION  4.  EQUATIONS  OF  MOTION 

The  generalized  equations  presented  herein  pertain  to  6  degrees 
of  freedom  of  coupled  longitudinal  and  lateral  aircraft  motions 
about  the  body  system  of  axes  described  in  Subsection  3.1.4, 

A  detailed  derivation  of  the  equations  of  motion  is  presented 
in  Reference  1, 

The  analysis  is  performed  for  a  generalized  aircraft  configura¬ 
tion,  which  may  consist  of  the  following  components: 

(a)  Single  Rutor 

(b)  Two  rotors  in  tandem  rotor  configuration 

(c)  Fusc]?ge 

(d)  Horizontal  tailplane 

(e)  Vertical  tail 

(f)  Tail  rotor 

(g)  Propellers  or  jet  engines 

(h)  Wings 

(i)  Various  stabilization  devices 

The  equations  of  motion  presented  in  this  section  can  be 
adapted  to  various  types  of  compound  helicopters,  single 
rotor  helicopters,  and  tandem  rotor  helicopters  by  selecting 
those  aerodynamic  and  design  components  which  pertain  to  the 
helicopter  under  consideration  and  by  eliminating  the  compo¬ 
nents  which  do  not  apply.  To  insure  the  generality  of  the 
equations,  all  products  of  inertia  are  retained. 


From  the  theoretical  derivations  presented  in  Reference  1, 
the  equations  of  motion  for  a  generalized  aircraft  configura¬ 
tion  are: 


(a)  The  X-Force  Equation 


X  =  (X)F  +(X)R+(XVUS  +IX)wt«X)t  +(X)VT+(X)TR+X  (X)p,  +W  sin  <f>  sin  \j/ 


W  • 

-  W  cos  9  sir.  o  cos  ^  -  —  {u  +  qvr-rv}-  0 


where 


)F=  (LFcos  A|f~Yf  sin  Alf_)  sin  (a-€F)-DF  cos  (a-eF)j  cos  /3S 


-(LFsin  Al(r+YF  cos  A(J  sin  /3S 


(X)R=£(LRcos  A]r+Yr  sin  A)r)  sin  (a-eR)-0Rcos  (a-eR)j  cos  /3S 


-U_R  sin  A(  -Yr  cos  A,  )  sin  /3S 

R  R 


^Vuss[Ln#in  (a-e^ -CVugCos  (a-e^jcos  ^S”YFussin  £s 
(X)w  =  j^Lwsin  (a-€W)  -Dwcos  (a-ew)j  cos  /3S 
(X)T  =  ^Lt  sin  (a-eT)  -DT  cos  (a-eT)  j  cos  (3S 


(X)yT"  DVTCOS  (fl-Cyj)  COS  "f  Lvy|- S  in  ^ 


s  T  uyT3in  /js 


> ~  R  sin  (a-£TR)  '"Djh  ^S  YTR  ®il"l  ^S 


(X)p.=  Tp.  cos  ip.  -Np.  sin  ip. 


(b)  The  Y-Force  Equation 


V  =  (Y)F+(Y)R+(Y)FUS  +(Y'W  +(Y)t  +  (Y)vt+{Y)tr  +Z(Y)P  +W sin <f> cos  \^/ 

i  =1  ' 


w  • 

+  W  cos  $  sin  6  sin  \f/-~ g-  (v  +  ru-pw)  =0 


where 


(Y) 


F  =[(LF  cos  A,  -Yf  sin  A,  )  sin  (a-tF)  -DF  cos  (a-cF) 


sin  /3c 


+(LFsin  A,  +Yf  cos  A^)  cos  J3S 


(Y)r  .[ilr  cos  Aip  +  Yr  sin  AIr)  sin  (a-eR)  -  DR  cos  (a-eR)]  sin  jSs 


+  (LRsin  A,  -Yr  cos  A,  )cos/3s 


(Y)fus=  [i-FUS  S'ri  ^a"€FUs5  "Dpus  COS  ^a“€FvS^]  s'n  /3s  +  YFuo  COS  /3g 
(Y)w  =  Jj_wsin  (a-ew)-Dwcos  (a -ew)J  sin  /3S 
(Y)t  =j^i_T  sin  (a-eT)  -Dt  cos  (a-<=T)j  sin  /3S 


(Y)vt  =  -Dvtcos  (a-€VT)  sin  /3s-LVTcos  /3; 


CY) 


TR 


YTRsin  (a-€TR)-DTR  cos(a-€TR)j  sin  /3S  +  Ttr  cos  jSs 


(Y)p,  =  Yp, 

i  ri 
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n 

Z  MZ)F  +  (Z)R+(Z)FUS  +(Z)w+(Z)t  +  (Z}vt+(Z)tr  +I(Z)P.  +  W  cos  <^>  cos  9 

i=l  ' 

+pv-qu)=0 

where 

(Z)F  =~[df  sin  (a-*F)  +  (LF  cos  Alf_-YF  sin  A,p) cos (a-«F)l 

(Z)R  =  -[dr  sin  (a-«R)  +  (Lrcos  A,r  +Yr  sin  AIr)  cos  (a-€R)  j 

(Z)Fus  =  ~[DFUSsin  (a-eFUS}  +  Lp^scos  (a-eFUs)j 

(Z)w  ^  -  jowsin  (a-€w)  +  Lw  cos(a-ew)j 

IZ)T  =  — JpT  sin  (a-eT)  +  LT  cos(a-cT)j 

(Z)VT=  -DVTsin  (a-«VT) 

(Z)TR  =  ~[dtr  sin  (a-€TR)  +Ytrcos  (a-€TR)l 


(d)  The  Rolling  Moment  Equation  (X) 


L  |X)|  [<z>i* t.-iy),L  +cc0)  ]  +Z1 

i=l  i=l  1  1 

2.-(Z)^VF-lY)F«lF+lZ)RiVR-(Y)R4R 

+  1Z1wVtY)w^w  +'Z>T^T-tY)JzT 
+  (Z)  iy  -(Y)  Jtz  +(Z)  L  -(ylJZtb 

VT  tVT  vt  4vt  tr  tTR  tr  ‘tr 

n  r  ~\  . 

+  Zj(Z)  -(Y)  +Q  j  +«^FUS  +£>C/ hubf“<^ 
j  =  i  L  “  i  r 


-p  Ixx+Ixz  (f  +  pq)  +  rq(IYY-Izz)  +  IXY(q-  rp) 


HUBe 


+  IYZ(q2  -r 2)  =0 


where  i  refers  to  the  aircraft  component  and 
is  evaluated  by  letting  i  =  1,  2,  3,  etc.,  or  the 
appropriate  component  designation. 

Also  sub  I  refers  to  inertia  terms.  Similar  notation 
used  in  the  pitching  and  yawing  moment  equations  given 
below. 


(e)  The  Pitching  Moment  Equation  (M 


+  vX)  U  -Z\  (x  -KX)  /,  -(ZMX 

*  ^  W  T  ‘T  T  *T 


■Mx)  i,  -ii)  xx  -sx)  ;7  -(z)  (x 

2vt  vt  xvt  tr  ztr  'tr'xtr 


+y 

i  =  l 


WP.^P-(Z)P.^P.+  MP. 
Pi  P)  p,  p,  p, 


^  ^PUS  ^  HUB  p  "^HUBq  ^ 


Q  Iyy  4"  IX2^  —  p  )  rP^xx"^ZZ^ 


MXy(p  4-rq)  +  lY2(r-pq)  =C 


(f )  The  Yawing  Moment  Equation  (N) 


n  n 


N=X(N).  =1  (V).L-(X).  i  +(N0).  +N. 

I  .  I  !  A I  I  !  I J 


+  (y)  L  -ix)  jy  -ir:  <„  -ix).<Y_ 

WXW  W  W  T  *  T  T  T 


+  (Y}  -(x;  Ay  +(Y)  Ax  -(X)  Ay 

vr  *vr  vt  yvt  TR  *tr  tr  vtr 


I^;y)  i, *n^s+q,-0, 


L  0  Ap  P  Pj 


1=1 


f  I2z"^*XZ^  Q  r  /  ~  P  Q  (lyy  ~^xx' 


+  IXy(p2  -q2)  +  IyZ(q  +  pr)  -  0 


TR 
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SECTION  5 .  EVALUATION  OF  TRIM  CONDITIONS 


/ 


The  trim,  or  steady  state,  equilibrium  conditions  for  a  com¬ 
pound  helicopter  can  be  obtained  by  simultaneously  solving  the 
equations  of  motion  given  in  Section  4  with  all  the  accelera¬ 
tion  and  inertia  terms  set  equal  to  zero.  The  procedure  used 
in  this  section  is  to  obtain  the  longitudinal  trim  conditions 
first,  and  then  use  these  conditions  in  the  three  lateral 
equations  c£  motion  to  obtain  the  complete  equilibrium  condi¬ 
tions  for  the  aircraft. 

In  order  to  evaluate  the  trim  renditions  for  a  generalized 
compound  helicopter  configuration,  the  following  design 
parameters  must  be  determined: 

(a)  The  aircraft  gross  weight  W,  lb 

(b)  The  fuselage  projected  areas;  frontal  AXfus  , 
side  AYfus  ,  and  planform  AZfus  ,  ft^ 

(c)  The  fuselage  overall  length  Atus  ,  ft 

(d)  The  locations  of  the  rotor  hub  (or  hubs)  and  tail 
rotor  hub  relative  to  the  aircraft  C.G.  position,  ft 


(e)  The  rotor  radii  RF  ,  Rp  ,  and  Rtr  ,  ft 

(f)  The  rotor  solidities  <rF  ,  <rR  ,  <rTR 

(g)  The  rotor  rotational  speeds  (  iiR  )F  ,  (  f2,R  )R  ,  and 
(  ilR  )TR  ,  rad/ sec 

(h)  The  blade  Lock  inertia  numbers  yF  ,  yR  ,  and  yTR  . 

(i)  The  blade  twists  8\f  ,  0|R  ,  and  0tTR  . 

(j)  The  blade  mass  moments  of  inertia  MSf  ,  and  MSr , 
slugs-f t 

(k)  The  flapping  hinge  offsets  ef  and  eR 

(l)  The  number  of  blades  b  per  rotor 

(m)  The  tip  loss  factor,  BT  -  0.97 

(n)  The  geometric,  fixed  incider  :es  relative  to  the 
fuselage  of  .the  wing  iw  ,  ho  "fzontal  tail  iT  , 
vertical  tail  iVT  •  auxiliary  propulsion  thrust 
vectors  ip,  ,  and  the  rotor  shaft  inclinations 
ip  »  >r  »  and  'tr  . 

(o)  The  lift  curve  slopes  of  the  rotor  blades,  wing, 
horizontal  tail,  vertical  tail,  etc. 

(p)  The  area  of  the  wing  S*  ,  horizontal  tailplane  ST  , 
and  vertical  tail  Svy  ,  ft2 

(q)  The  moment  arms  Ax  ,  AY  ,  and  Az  of  the  wing, 
horizontal  tail,  vertical  tail,  etc. 

(r)  The  geometry  such  as  the  chord,  span,  etc.,  of  each 
conventional  aircraft  control  surface. 

(s)  The  geometry  of  the  auxiliary  propulsion  unit(s) 

(t)  The  geometry  of  external  appendages  such  as  fuel  tanks, 
cargo  pods,  etc. 

(u)  The  first  natural  flapping  frequency  tu,  ,  rad/sec, 
if  hingeless  elastic  rotors  are  used. 


.^ZF  ;  *XR  .^YR  ,  ^Zr  I  ^XTR  JyTR  .^ZTR 
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5.1  TRIM  CONDITIONS  FOR  SINGLE  ROTOR  COMPOUND  HELICOPTERS 


5.1.1  Hovering 

The  procedure  given  below  for  calculating  the  rotor  trim 
conditions  while  hovering  uses  the  expressions  for  rotor 
thrust,  constant  inflow,  and  coning  angle  presented  in 
Reference  1.  Also,  the  effect  of  thrust  of  the  auxiliary 
propulsion  units  is  included  in  the  computations. 

The  simplifying  assumptions  made  in  Reference  1,  such  as 
constant  induced  velocity,  no  radial  flow,  and  tip  loss 
factor  8t  =  0.97  are.  incorporated  in  this  procedure. 

The  vertical  trim  condition  for  hovering  can  be  calculated 
as  follows: 

KVW 

l  F  =  ^ 

'-Tr? 

where 

Kv  =  fuselage  download  factor  (approximately  1.05) 


I  T pj  sin  (  #  +  iP| ) 
i  =  i  1 


C 


tf  =(TTfV 


where 


(T.F.)f  = 


pir 


F 


e 


f2Cr 

1  OCT 


0.4704\!f 


.75 


0  304  2 


J°F 


JL 

2 


(0 


2213  675  +0  3042 X} 

Jf 


For  calculating  the  forward  speed  trim  conditions  for 
compound  helicopters,  rotor  performance  charts  are  used. 

Such  charts  for  rotors  operating  at  high  forward  speeds, 
corresponding  to  advance  ratios  from  /x  =  0.25  to  /x  =  1.4, 
are  presented  in  Reference  2.  The  charts  presented  in  Ref¬ 
erence  2  incorporate  the  effects  of  blade  stall,  compressible 
flow,  and  large  inflow  angles.  For  extreme  operating  cond¬ 
itions,  the  tabulated  data  in  Reference  3  can  be  used  to  ex¬ 
tend  the  charts  presented  in  Reference  2.  For  low  forward 
speeds  the  performance  charts  presented  in  Section  5.2  of 
this  report  can  be  used  for  speeds  corresponding  to  advance 
ratios  of  /x  <0.2.  These  charts  were  obtained  from  the  results 
of  Reference  4. 


The  trim  procedur  for  forward  flight  is  performed  as  follows: 

(a)  Determine  the  required  design  parameters  for  a  single 
rotor  compound  helicopter  as  specified  on  page  5-1. 
Include  the  design  parameters  for  any  additional  lifting 
surfaces  such  as  large  support  pylons  for  the  auxiliary 
engines  ar.d  also  external  appendages  such  as  fuel  tanks. 

(b)  Establish  the  compound  helicopter  operating  conditions 
such  as  V0 ,  p  ,  Vs  ,  CilR)p  ,  (HR  )TR  ,  GfrRV.Tp;. 

Then  compute 


q0=  2  P 

Also  for  auxiliary  propulsion  units  using  propellers, 
calculate  the  advance  ratio  Jj  =7rV0/(IiR)  and  propeller 
activity  factor  C  A,F.  );  as  defined  in  the  particular 
propeller  test  data  to  be  used. 
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Cc)  Choose  a  fuselage  angle  of  attack  *’FUs  for  which  the 

first  estimates  of  trim  will  be  obtained.  If  no  know¬ 
ledge  of  the  flight  conditions  is  available,  the  first 
iteration  can  be  performed  at  nFUS  =  0  .  If  some  know¬ 
ledge  of  the  flight  conditions  is  available,  use  the 
best  estimate  of  the  trimmed  fuselage  flight  attitude 
that  can  be  obtained  in  order  to  reduce  the  number  of 
iterations  required  for  convergence  to  trim. 

For  the  selected  value  ofctpug  .obtain  fuselage  lift  and 
drag  coefficients  CLrjS  and  C0pus ,  then  calculate 

Dfus  ■  CoFUS  Q0  Axfus  ^-fus  '  ^LFus^O^ZFus 


Include  the  effect  of  all  nonlifting  surface  comp- 
nents  or  appendages  in  the  above  computations. 

(d)  From  Section  5.4,  obtain  the  wing  and  horizontal  tail 
lift  curve  slopes,  aw  and  aT  .  Then  calculate  first 
approximations  of  the  wing  and  tail  lift  and  drag  forces 
at  the  selected  value  of  aFUS  ,  thus: 


«w  =  (aFug  +  fFus)^"(iw 

C(_w  saw(aw”  a°w) 

C2 

C0W  =  (CD0+  7 


aT  :(aFus-i-€Fus)  +  ('T  -€T  ) 

Clt  =aT(aT-a0T) 

CL2 

C°T  "(C°o+  7 7-ZrV 


where  the  section  profile  drag  coefficients  ( C0o  )w  and 
(Co0)T  can  be  estimated  from  Section  5.4  or  assumed  as 


(CDo)w--(C0o)T  «  0.01 


Compute  wing  and  tail  lift  and  drag  forces,  thus: 
Lw  *  C|.w  1-t  =  CLt  qQ  Sy 
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=  'DW^0 


Dt  =  CDt  qQ  ST 


Note  that  for  the  first  iteration,  the  interference 
angles  eFus ,  ew  ,  and  <-T  above  are  set  equal  to  zero. 

(e)  Calculate  the  first  approximation  for  the  main  rotor 
lift  and  drag  forces,  thus: 


LF  :  W  -  L fus  Lw  “  Lt  ~  Z  Tpj  sin(ipj  +  a) 

1=1 

Df  =  -  Dfjs  "  Dw  ~Dt  +  Z  Tpj  cos(ip,  +  a) 


Also  compute  the  corresponding  rotor  lift  and  drag 
coefficients 


[(T.F.lcr  ]p 


Of 

[(TF)o-], 


(f)  Using  (CL'/cr)  from  step  (e),  obtain  the  values  fcr  the 
required  interference  angles.  For  the  first  approx¬ 
imation  use  Xfs  0  ,  thus: 


*™'Km"fi^rrsr,^573l 

=K-[^rr^)57i 

tT  *<Kft+Kwt)[  /  .  &)! 


=lKFT+K»T,[^#rrl-’57i 


deg 

deg 

deg 

deg 


(g)  Repeat  steps  (d)  through  (f),  incorporating  the  inter¬ 
ference  angles  from  step  (f)  until  the  values  converge. 
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(h)  Calculate  the  chart  values  of  rotor  lift  and  drag  co¬ 
efficients  corresponding  to  rotor  solidity  of  crF  -  0.1, 
using  the  methods  in  Reference  2,  thus: 


'F 


where 


( Acr)F  =  crF  -  0.1 


(i)  Using  the  values  of  [( Cu7cr)0| ]F  and  [  (  Cq /cr )0 , ]F  from 
step  (h)  and  d\?  ,  Mtf  ,  and  ’uF  from  steps  (a)  and  (b), 
enter  the  appropriate  trim  charts,  presented  in 
Section  5.2.1  or  References  2  and  3,  and  obtain  the 
first  approximations  for  the  following  rotor  trim  par¬ 
ameters  corresponding  to  cr  =  0.1: 


i  ,  b|p ,  Qop,  ^75p  i  ^F  , 


(Co  'er)F 


Note  that  b|F  ,  0oF  ,  and  6?75f  have  to  be  obtained  only 
after  final  trim  has  been  established. 

(j)  Calculate  main  rotor  angle  of  attack  aCf.  and  rotor  torque 
Qf  as  follows: 


acF  =[(ac)o|';'l^r(^)]F 


Of 


(T.F.)Ro-(~) 

(J 


(k)  Using  the  trim  parameters  obtained  in  the  steps  above, 
assume  two  values  of  CMrjS  and  calculate  aFUS  from  the 
following  equation: 


5.1-5 


where 


NUM  =  (/^Lf  “  ^2pDF)  +  (/^xwLw  “  ^zwDw  )  +  (  ^xtLt  _^ztD  ) 

+  l[(TPi  “Np;  ip,)^zPi +(TPjiP|  +NPi)XxF(  +  MP.  j 

f  ebft2Ms  1 

+  [  2  ( at  ~  B, )  ^_  +  MFus  +  Qtr 


DEN  -  -  ( XZf:Lp  +  XX[.Dp)  -  (X2wLw  +  '^xw^w  ^  ~  (^zT  *-t  +  ^xtOt  ) 

^fus  '  ^MpUS  ^Xpus  XFUS 
S|F  *  (Otpus  +  CfuS  )  "  aCp  + 'f 


Qtr  r  0  for  the  first  iteration 

and  NPj  and  MPj  are  obtained  from  Section  5.7. 

The  straight  line  obtained  by  connecting  the  two  point! 
thus  calculated  is  superimposed  on  the  experimental 
fuselage  pitching  moment  curve  of  ( CMpUS  versus  aFus  ). 
The  point  of  intersection  will  yield  tne  new  fuselage 
trim  angle  of  attack,  aFUS  ,  to  be  used  in  the  next 


iteration. 


If  no  point  of  intersection  is  obtained  because  the 
calculated  fuselage  pitching  moment  curve  lies  above  or 
below  the  experimental  curve,  then  the  new  estimate  of 
aFus  to  be  used  in  the  next  iteration  is  estimated  as 
follows : 


Ca)  If  the  calculated  fuselage  pitching  moment  curve 
lies  below  the  experimental  curve  at  the  assumed 
value  of  ctpus  then  this  indicates  that  the  estimat¬ 
ed  value  of  Qpus  is  too  low  since  not  enough  fuse¬ 
lage  pitching  moment  was  calculated  to  agree  with 
the  experimentally  determined  fuselage  pitching 
moment.  A  larger  value  of  atpUS  should  thus  be 


assumed  for  the  next  iteration. 

(b)  If  the  calculated  fuselage  pitching  moment  lies 
above  the  experimental  curve  at  the  assumed  value 
of  aFUS  »  then  a  similar  argument  to  that  above 
will  indicate  that  the  magnitude  of  aFus  should  be 
reduced  for  the  next  iteration . 

If  multiple  points  of  intersection  are  obtained,  then 
the  magnitude  of  aFUS  for  the  next  iteration  should  be 
increased  or  reduced  as  explained  above  until  the  ex¬ 
perimental  and  calculated  fuselage  pitching  moment 
curves  intersect  at  the  same  aFUs  for  which  the  calcu¬ 
lations  were  performed. 

(1)  Using  Opus  from  step  (k),  enter  fuselage  charts  and 
obtain 

CtFUS  *  Cdfl,s  ’  ("yfus  ’  ^Xpijs  ’  ^mfus  ’  an°  ("nfus  • 

Then  calculate  the  following  fuselage  trim  values: 


Lfus  =  Cipus  90  aZfus 


Dfus  =CDFIJSq0Ax 


FUS 


YFUS  =CVFUS%AYpUS 


^FUS  =CiFus%AXpLls^US 


mfus  =  CMFusq0^XFus^FU3  NFUS  =  CNfus  q0AxFus^FUS 

(m)  Using  the  values  of  NFjjs  from  step  (1)  and  QF  from  step 
(j),  determine  the  following  tail-rotor  parameters: 


1  TR 

ft 

<J  'tr 


Nfus  +  Qf 


-l 


XTR 


T 

(T.F>Jtr 


(n)  Knowing  the  tail-rotor  parameters  /xTR  ,  (MT)TR  .  and  0|TR 
from  step  (b),  and  using  the  value  of  (Cl'/ctItr from  step 
(m)  and  Qctr=0,  enter  the  appropriate  performance 
charts  ana  obtain  the  following  tail-rotor  trim  values: 
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If  no  elevator  control  or  incidence  control  is  used  on 
the  horizontal  tail,  then  the  tail  lift  and  drag  are 
calculated  using  the  same  equations  as  above  but  reading 
subscript  T  for  subscript  W  in  each  equation. 

If  an  elevator  control  is  used,  the  control  derivative 
C(.s,  must  be  obtained  from  Section  5.6.  Using  the  value 
of  B|F  from  step  (k),  the  corresponding  elevator  angle 
Se  is  then  read  from  the  aircraft  control  rigging  curve 
(  B,f  and  Se  versus  control  position) 

Then  calculate: 


<*T 


Clt 

Lt 

Cdt 

Dt 


-a  +  iT  -  eT 
=  oT  ( aT  -  a0|. 
*  CLt  %  2t 


=  CDt  q0  ST 


)+CLs 


.1 


s 


e 


Deflected  flaps  on  the  wing  can  be  accounted  for  in  a 
similar  manner. 

(p)  Using  the  trim  parameters  obtained  above  and  assuming 

A,f  =  =  Ytr  =  yc  =  ft s  =  0,  the  X  and  Z  equations  from 

Section  4  are  solved  simultaneously,  making  the  usual 
small-angle  assumptions,  to  obtain  a  better  approxima¬ 
tion  for  the  main  rotor  drag  and  lift,  thus: 


Lf 


K,a-  K2 
I  +  a2 


Dp  -  Lp  <2  ~  K| 


5. 


where 


K|  :  Wq  -  LFUS(a  -  epus )  ~  L*  (  a  +  iw  -  €w  )  "  LT  ( a  +  iT  -  eT  } 


+  Dpus  +  Dw  +  DT  +  Dtr  ~  £  ( Tp.  -  NP.  ip.  ) 

i=l  1  11 


and 


^2  r  DFuS(a  -  eFus)  +  Dw(a  +i’w  ~£w  )  +  D,  (a  +  iT  -  €t  ) 


+  DTr  (  a  -  eTR)  +  Lfus  +  Lw  +  Lt  +  £  (TPj  ipj  +  NPj  )  -  W 


Then  obtain 


C  ' 


CD 

(  — ) 

'  cr  F 


[(a  >0  lJF  =  [(T.F)a‘JF 


and  compute 


Co  • 
(—2.) 

'  cr  'o  i 


(q)  Repeat  steps  (f)  through  (p)  with  new  values  of  [(Ct/o-)0|]F 
and  [(CoAtIqjIp  until  convergence  is  achieved,  yielding 
the  final  trim  values. 

In  ger.eral,  for  a  <5°,  the  above  iteration  procedure  is 
very  rapidly  convergent,  and  therefore  one  or  two  iter¬ 
ations  are  sufficient  to  obtain  the  final  trim  condi¬ 
tions  . 
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(r)  Calculate  main  rotor  side  force,  thus: 

YF  -[(T.F.)a|(-|Me„oa+ie75b,+|/975 b,+|xb, 

+  -  a0a,  -  q0-^cq  a(  +  ^/ia,  b^^Xb, 

(s)  Equations  must  now  be  obtained  for  the  forces  and  moments 
due  to  lateral  and  directional  aerodynamic  (conventional 
aircraft)  controls,  if  they  are  employed,  or  due  to  flow 
asymmetries,  if  such  effects  are  evident  in  the  test 
data.  It  is  usually  possible  to  relate  the  movement  of 
the  conventional  aircraft  type  controls  to  the  helicopter 
control  movements  by  means  of  the  experimental  control 
rigging  curves  fcr  the  compound  helicopter  being  invest¬ 
igated.  Those  relationships  are  usually  linear  or  of 
some  simple  nonlinear  form  such  that  the  following  func¬ 
tion  can  be  obtained: 


S0  =  function  [  A,p  J 
Sr  =  function  [(075)TR] 


Using  the  control  design  parameters  from  page  5-1  and 
the  methods  in  Section  5.6,  obtain  the  control  derivatives 

d(Z*/(iQ 

CzSq - ^ -  per  aileron 

r  d(LVT/qQ  SVT 

Lus'  '  asr 


Then  calculate 

=  "t-w  ^yw  =  Q0  Sw  bw(Cj*go)w  ( SoR-  SrL  ) 
=  function  (A!f) 

Lvt  =(ovt/3s  +CLjrSr)q0  SVT 
=  function  (/3S) 
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Test  data  for  the  aircraft  being  analyzed  might  indicate 
additional  moments  that  could  be  included  in  the  analysis, 
such  as  a  rolling  moment  due  to  asymmetric  horizontal 
tail  lift. 


(t)  From  the  curves  of  the  experimental  lateral  fuselage 


characteristics,  obtain  slopes  dCYFl)S /3/8s.  dC 
and  dCNFUS/d/3s 


:FUS' 


Using  the  coefficients  CyFug  .  QtF(JS 

>bt<  '  “ 


and  C^FUS  obtained  in  step  (1)  at  /3S  =  0,  obtain  ex- 


for  the 

fuselage 

Cyfus 

-  C  y  + 

yfus 

A-0 

Cj:FUS 

S  C*FUS  + 
A-0 

CNfuS 

'  Cnfus  + 

A*0 

d^Fus 

<3/3s 

^CjfFUS 

a/3s 

^NFUS 


ft 

& 


d(3s 


(u)  Using  the  trim  conditions  calculated  above,  obtain  the 
main  rotor  lateral  cyclic  (  A|_  )  and  sideslip  angle  (/3S) 
from  a  simultaneous  solution  of  the  rolling  and  yawing 
moment  equations,  thus: 


Q.  K5K7  K4K9 

Ps  K4K6  -K3K7 

.  K3/3s  +K5 

'F  '  "  K4 


rad 

rad 


where 

Kj  =  (Lp  Cp  -Dp  )/?xF  +  ^F-^Yp  +  ^l-WaW  “  )  ^xw  +  tLy  Gy  “  Dt  )/?Xy 

-  °VT  %  SVT  ^xvT  ■  dtr  ^xtr  +  ttr  ^ytr  +  -Jfe*  qo  a*fus  ^fus 

„  ,  dSa 

K4  =  Lp  axf  +  YF  aF  Ayp  +  2q0  Sw  bw  C^Sg  ^  aw 
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(v) 


K5  =  Yf  XXf  -  (L(r aF  DF  ) ^yf  +  2 q0  Sw bwC-SQ Sa  aw  Lt^ytGt 

a,f=o 

N£E 


-CLgr  Srq0  SVT  *XvT  +  ttr  ^xtr  +  ^  ytr  +  ^NrusPo  axFuS^fus 


+  Qf  +  X  [  Yp;  XxPj  ~  (TP|-  -NPl  iP!  )  ^Yp.  ] 


K6  = -(Lpap-Dp)/?2F  “(Ly (aw  “  Dw  )  Xz^  ~  ( Ly  aT  -  D?  )-^zT 

dCz 

*  °VT  %  SVT  ^ZVT  +  DTR  ^Ztr  +  ”^FUS  q0  AxFUS^FuS 


K?  =  -  YF /?yF  -  LF  XZp  +  2qQ  Sw  bw  Cig 


as0 

o  aA,F 


ebiTM, 


i 


Kg  =  -  ( 0F  aF  ~  LF)  ^Yp  "  Yf  ^zF  +  2  q0Swbw  Cls  So  Lj  ArT 

0  AIf=0 

+  CLgjiSr  qQ  SVT  XZvJ  -Dtr^ytrOtr  ~  ttr^ztr  +  C-tp^o  ^fus^'S 

A=o 

-|KiP,+N,)^i+QPl]+[M^ 

and  the  slope  aSa/aA|F  is  obtained  from  the  appropriate 
aileron  control  rigging  curves  for  the  aircraft  being 
examined . 

Substitute  the  values  of  A|p  and  /35  frcm  step  (u)  and 
solve  for  the  aircraft  roll  attitude,  .  using  the  side 
force  equation,  thus 


,  K9/3s  +Lf  A,f  +  K)0 

<P  =  w 
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where 


dCy, 


FUS 

Kg  =  LF  aF  -  0F  +  Lpus  aFUs  -  0FUS  +  %  ^vfus  +  *-w  aw 


“  Dyy  +  Lf  Q-p  D-p  —  Qy-pO,  Sy-p  —  D 


TR 


'10 


=  Yf  +  c 


ykus  %^yfus 


C«-SrSr  q0 


Svt 


+  T 


TR 


(w)  Knowing  the  value  of  /?s  from  step  (u),  obtain  better 
approximations  for  v-us,  £  FUS ,  and  NFUS  from  step  (1) 
using  values  of  CyFUS  ,  C*,FUS  ,  and  CmfuS  from  step  (t) 
and  compute  new  values  for  LVT  and  DVt  from  step  (s\ 
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5.2  ROTOR  CHARACTERISTICS 


This  section  contains  rotor  performance  data  presented  in 
the  form  of  charts  which  can  be  used  to  evaluate  the  trim 
condition  of  compound  helicopter  configurations.  Although 
these  charts  have  been  specifically  developed  for  fully 
articulated  rotor  systems  having  rotor  solidity  of 

=  0.1,  they  are  equally  applicable  for  analyses  of 
teetering  and  hingeless  rotor  systems. 

The  correlation  of  the  analytical  results  for  fully 
articulated  rotors  having  zero  hinge  offsets  with  the 
teetering  rotor  wind-tunnel  test  data  of  Reference  1  has 
shown  that  the  performance  charts  presented  herein  apply 
to  a  variety  of  teetering  rotor  configurations  with  small 
to  moderate  teetering  angles. 

The  performance  data  for  a  hingeless  system  can  be  obtained 
from  the  results  of  a  fully  articulated  rotor  system 
through  the  use  of  a  virtual  hinge-offset  concept.  This 
concept  is  based  on  the  fact  that  hingeless  rotor  systems, 
because  of  their  elasticity,  are  subjected  to  a  "flapping 
motion"  similar  to  that  associated  with  articulated  rotors. 
The  fundamental  parameter  governing  this  motion  is  the 
frequency  of  the  first  harmonic  flapwise  bending  mode. 
Therefore,  the  basic  problem  is  to  represent  a  hingeless 
rotor  system  with  a  virtual  hinge  offset,  by  an  equivalent 
articulated  rotor.  A  comprehensive  discussion  of  the 
subject  matter  is  presented  in  References  2  and  3,  from 
which  the  following  relationship  is  obtained  for  the 
virtual  hinge-offset  for  hingeless  rotors: 


ev  n2-  I 


where 

is  the  nondimensional  rotor  frequency  parameter 

c  «,  /a  ) 

oj |  is  the  natural  frequency  of  the  rotor  first 

flapping  mode  when  the  blade  is  rotating,  rad/ 
sec 

vQ.  is  the  rotor  rotational  speed,  rad/sec 

The  natural  frequency  w,  is  a  function  of  the  rotor  blade's 
mass  and  stiffness  distribution  and  the  rotor  speed. 
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This  parameter  can  be  obtained  using  the  methods  of  Reference 
U,  Thus,  by  using  the  concept  of  an  equivalent  articulated 
rotor  applied  to  the  hingeless  rotor,  the  rotor  trim  and 
stability  derivatives  can  now  be  evaluated  by  the  conventional 
helicopter  methods  presented  in  the  following  sections. 


Classical  rotor  aerodynamic  theories,  such  as  those  presented 
in  References  5  and  6,  use  several  simplifying  assumptions 
which  limit  the  applicability  of  the  resulting  equations  to 
low  forward  speeds.  To  increase  the  range  of  applicability, 
some  of  these  assumptions  have  been  eliminated  in  Reference  7, 
which  presents  charts  of  pertinent  aerodynamic  rotor  parameters 
for  the  tip  speed  ratios  ranging  from 0.3  to  ft=  1.4.  These 
charts  include  the  effects  of  blade  compressibility  and 
retreating  blade  stall  and  do  not  rely  upon  small-angle 
assumptions  of  the  classical  theory.  However,  the  charts  are 
prepared  for  only  one  value  of  rotor  solidity, a =  0,1,  and  do 
not  include  the  rotor  Y-force  data. 


In  applying  the  above  performance  charts  for  rotor  solidity 
different  from  a  =  0.1,  appropriate  solidity  correction  factors 
were  used  as  presented  in  Reference  7.  The  required  Y-force 
data  were  generated  by  using  the  equation  of  Reference  6. 
together  with  the  pertinent  performance  results  obtainable  from 
Reference  8.  The  charts  for  rotor  inflow  ratio  X  and  the 
blade  flapping  parameters  o0  and  b|  ,  which  were  not  included 
in  Reference  7,  were  derived  from  the  results  of  Reference  8 
and  are  presented  in  this  section. 


All  low-speed  performance  charts  for  a=  0.1  and  0.2  were 
derived  from  the  classical  rotor  performance  results  of 
Reference  9  and  are  presented  in  Figures  1  and  2.  The  high- 
soeed  charts  which  are  not  included  in  Reference  7  are  presented 
in  Figures  3  through  13. 

The  performance  charts  of  Reference  7  and  those  presented  here 
are  derived  for  constant  values  of  /x ,  MT  ,  and  Q\ .  The  relation¬ 
ships  between  the  basic  rotor  performance  parameters,  such  as 
CL'/cr ,  CD'/cr,  Cq/cr  ,  a,  ,  ac  ,  and  0,75  ,  are  presented  in  the  form  of 
carpet  plots.  The  parameters  such  as  X  ,  c0,  and  b,  for  all 
values  of^are  presented  as  a  function  of  rotor  angle  of  attack, 
crc  ,  for  constant  values  of  CL/cr.  Using  the  above  parameters, 
the  rotor  side  force  coefficient  can  be  computed  from  the 
following  equation: 


♦ 
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Cy'.a,  3 


3  2 


fr  2  4 


*  4  M  ^.75°0+  -3'  ^75  *+•  -g-^.  ^75b,+— Xb, 


+  6  a°Q'  Qq°i+  xMO.b.+^Xbi) 


The  use  of  the  above-mentioned  performance  charts  with  the 
analytical  expressions  wherever  necessary  constitutes  an 
integral  part  of  the  stability  method  presented  in  this 
Handbook. 
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Figure  1, 


Calculated  Characteristics  of  a  Rotor 
With  0  Twist  for  ^  =  0.1  and  MT  =  0.8. 
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Figure  1.  Continued. 
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Figure  12,  Calculated  Characteristics  of  a  Rotor  With  -4°  Twist  for 
a  =  0.3  and  Mt  =  0,8, 
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5.3  FUSELAGE  CHARACTERISTICS 


Typical  compound  helicopter  fuselages  are  of  shapes  which 
do  not  lend  themselves  easily  to  theoretical,  aerodynamic 
analysis.  It  is  necessary,  therefore,  to  rely  on 
experimental  data  for  accurate  determination  of  fuselage 
characteristics.  As  an  aid  for  preliminary  stability 
calculations,  some  of  the  published  helicopter  fuselage 
experimental  data  are  summarized  in  this  section.  The 
data  have  been  rearranged  to  be  consistent  with  the 
nomenclature  of  this  handbook. 

The  following  characteristics  must  be  determined: 

Fuselage  Drag  Coefficient 

r  dfus 

0FUS  "  q0  Vus 


Fuselage  Lift  Coefficient 
r  -  lfus 

LFUS  *  «°aZfus 


Fuselage  Side  Force  Coefficient 

r  -  Yrus 
YFUS  '  AYfu$ 


Fuselage  Pitching  Moment  Coefficient 
r  .  _ mfus 

MFUS  ^XFUS  ^FUS 


Fuselage  Yawing  Moment  Coefficient 
^nfus 
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Fuselage  Rolling  Moment  Coefficient 
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Test  data  for  several  fuselages  of  small  helicopters  are 
presented  in  References  1  and  2.  Reference  1  presents 
model  data  for  all  three  force  and  three  moment  coeffi¬ 
cients  for  a  range  of  angles  of  attack  and  sideslip. 
Reference  2  presents  the  lift,  drag,  and  pitching  moment 
coefficients  for  two  full-scale  helicopters.  The 
geometric  characteristics  of  these  fuselages  are  shown 
in  Figures  1  and  2. 

For  fuselage  shapes  differing  greatly  from  those  described 
in  this  section,  the  methods  in  either  Reference  3  or 
Reference  4  can  be  used  to  obtain  the  required  characteris 
tics . 

5  .  3.1  Drag  Coefficient 

The  variation  cf  the  drag  coefficient  with  angle  of  attack 
at  /3s  =  0  is  shown  in  Figure  3,  It  is  noted  from 
Figure  3  that  CDf(JS  is  relatively  constant  with  aFus  for 
the  model  fuselages,  Models  A  through  D.  It  is  also  seen 
that  the  small-scale  fuselages  are  aerodynamically 
substantially  cleaner  than  the  full-scale  fuselages, 

Model  E  and  F. 

The  relationship  between  drag  coefficient  and  equivalent 
flat  plate  drag  area  is  as  follows: 


SpUS  "  ^Dfus^xFUS 


5.3.2  Lift  Coefficient 

The  variation  of  lift  coefficient  with  angle  of  attack  at 
/3s  =  0  is  shown  in  Figure  4.  The  fuselage  download  factor 
Kv  ,  is  related  to  the  lift  coefficient  as  follows: 

qo  C|_FUs  ^Zfus 

=  W 
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Figure  1.  Continued 


Cone luded . 


Figure  2.  Geometric  Characteristics  of  Two  Full-Scale  Single- 
Rotor  Helicopter  Fuselages,  (Reference  2) 


5.3.3  Y-Force  Coefficient 


The  variation  of  Y-Force  Coefficient  with  angle  of  attack  at 
/3S  =  0  is  shown  in  Figure  5.  No  CYf(JS  data  were  available 
for  the  full-scale  helicopter  fuselages  of  Reference  2. 
Figure  6  though  9  present  CYfus  data  for  Models  A  through  Dt 
respectively,  as  a  function  of  /3S  for  several  values  of 
qfus  • 

5.3.4  Pitching  Moment  Coefficient 

The  variation  of  pitching  moment  coefficient  with  angle  of 
attack  at  /3S  =0  is  shown  in  Figure  10  for  all  six  models. 

5.3.5  Rolling  Moment  Coefficient 

The  variation  of  rolling  moment  coefficient  with  angle  of 
attack  at  /3g  =  0  for  the  four  fuselage  models  is  shown  in 
Figure  11.  The  variation  of  rolling  moment  coefficient 
Cjc.fus  with  sideslip  is  shown  in  Figures  12  through  15. 


5.3.6  Yawing  Moment  Coefficient 

The  variation  of  yawing  moment  coefficient,  with  angle  of 
attack  at  /3S  =  0  for  the  four  fuselage  models  is  shown  in 
Figure  16.  The  variation  of  yawing  moment  coefficient 
CNfus  with  sideslip  is  shown  in  Figures  17  through  20. 
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Side  Force  Coefficient  Versus  Sideslip  Angle 
for  Constant  Values  of  aFLtS  -  Model  B. 


SIDESLIP  ANGLE -/3S, DEGREES 

Figure  8.  Side  Force  Coefficient  Versus  Sideslip  Angle, /3 
for  Cor  stant  Values  of  Gfus  -  Model  C. 
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Figure  9.  Side  Force  Coefficient  Versus  Sideslip 
for  Constant  Values  of  aFUS  -  Model  D. 
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Figure  10.  Pitching  Moment  Coefficient  for  Several 
Single-Rotor  Helicopter  Fuselages  Versus 
Fuselage  Angle  of  Attack  For  0S  =  0. 
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ROLLING  MOMENT  COEFFICIENT 
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Figure  14.  Rolling  Moment  Coefficient  Versus  Sideslip  Angle, 
for  Constant  Values  of  aFuS  -  Model  C. 
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Figure  15.  Rolling  Moment  Coefficient  Versus  Sideslip  Angle, 
for  Constant  Values  of  aFUS  -  Model  D. 
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Figure  18.  Yawing  Moment  Coefficient  Versus  Sideslip  Angle,  /3, 
for  Constant  Values  of  ajrus  -  Model  B, 
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SIDESLIP  ANGLE  -  J3S  ,  DEGREES 

Figure  20.  Yawing  Moment  Coefficient  Versus  Sideslip  Angle 
for  Constant  Values  of  C(rjs  -  Model  D. 
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5.4  LIFTING  SURFACE  CHARACTERISTICS 


The  aerodynamic  characteristics  of  lifting  surfaces  are 
documented  in  numerous  NACA  and  NASA  publications.  As 
described  in  References  1  and  2,  the  aerodynamic  coeffi¬ 
cients  and  their  derivatives  with  respect  to  pertinent 
stability  parameters  depend  on  the  specific  geometric 
configuration  of  the  lifting  surface.  The  following 
methods  extracted  from  Reference  1  give  reliable  estimates 
for  a  straight  tapered  lifting  surface  such  as  a  wing  or 
tail  cperating  in  the  typical  compound  helicopter  Mach 
number  range,  M  5  0.6. 

The  wing  lift  coefficient  is  given  by: 


R  =  Wing  aspect  ratio. 


ft  -  Prandtl-Gleuert  compressibility  correction  factor, 
J  I  -  M*  1 

M  =  Free- stream  Mach  number. 

Ac/«  =  Wing  midchord  sweep  angle . 
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a0w  =  Wing  section  (defined  parallel  to  free  stream) 
lift  curve  slope  (per  radian). 

Qow  -  Wing  zero  lift  angle 

The  three-dimensional  lift  curve  slope  of  the  wing  is 
obtained  using  Figure  1. 

Also,  the  wing  drag  coefficient  is  given  by: 

C  -  .  r  ^t-w 

°W  "  TjP^SvT  "  Ldow+ 

The  wing  section  profile  drag  coefficient  is  given  by: 

Co.w  ■  C,  [  I  ♦  L  (4-)  ♦  IOO(-£-)4  ]  rl.s  ] 


The  turbulent  flat  ^late  skin-friction  coefficient  Cf  is 
obtained  as  a  function  of  Mach  number  M  and  the  Reynolds 
number  Rc  based  on  the  mean  aerodynamic  chord  c  .  This 
is  accomplished  as  follows: 

First,  the  wing  surface  roughness  height  k  is  obtained 
from  Table  If  and  the  admissible  roughness  parameter  £/k 
is  computed.  This  roughness  parameter,  together  with  the 
computed  Mach  number,  is  used  in  Figure  2  to  obtain  the 
cutoff,  Reynolds  number,  Rcc  .  Figure  3  is  then  entered 
and  the  value  of  Cf  is  obtained  corresponding  to  either 
the  computed  or  the  cutoff  Reynolds  number,  whichever  is 
lower. 

The  airfoil  thickness  location  parameter  L  is  taken  as 
L  =  1.2  for  (  t /c  )mox  located  at  xt  >  0.30c  and 
L  =2.0  for  (  1/c  )mox  located  at  xt  <  0.30c  .  Using 
the  appropriate  value  of  L  ,  the  bracketed  term 
[  I  +  L(*/c)  +  I00(t/c)4  ]  in  the  equation  for  C0ow  can  be 
obtained  directly  from  Figure  4. 

The  lifting  surface  correlation  factor  RLS  can  be 
obtained  from  Figure  5. 

Finally,  the  ratio  of  Swe, /Seip  can  be  determined  from 
Figure  6  in  terms  of  airfoil  average  section  thickness 
ratio.  The  ratio  of  Sei0/S w  is  a  function  of  a  given 
wing  geometry. 
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Figure  2.  Cutoff  Reynolds  Number  Versus  Admissible  Roughness 
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Figure  4.  Subsonic  Wing  Minimum-Drag  Factor  Versus 
Wing  Thickness  Ratio. 
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Figure  5.  Lifting-Surface  Correlation  Factor  for 
Subsonic  Drag  Versus  Sweep  Factor  of 
Wing  Maximum  Thickness  Line. 
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Figure  6.  Thickness  Correction  to  Wetted  Area. 


The  span  efficiency  factor  (e)  appearing  in  the  induced 
drag  portion  of  the  total  wing  drag  is  given  by 


l.l  (qw/aR  ) 

R(ow//R)  +  ( I  -R)tt 


where  R  is  the  leading  edge  suction  parameter  defined 
as  the  ratio  of  the  actual  to  the  maximum  theoretical 
value  of  the  leading  edge  suction.  This  parameter  is 
presented  in  Figure  7  as  a  function  of  leading-edge 
radius  Reynolds  number  R/ler  ,  aspect  ratio  tR  ,  wing 
sweepback  XLE  ,  and  Mach  number  M  for  the  values  of 
fyi_ER  co*  ^le  ^  tas2  XLE  smaller  than  1.3  x  10^,  the 
parameter  R  can  be  obtained  from  Figure  7(a)  ;  for 
the  values  larger  than  1.3  x  10  ,  Figure  7(b)  is  used. 

The  leading-edge  radius  Reynolds  number  RjtLEf^  is  based 
on  the  leading-edge  radius  r  /c  of  the  airfoil  at  the 
mean  aerodynamic  chord.  The  value  of  r  /  c  for  a 
variety  of  airfoil  families  can  be  determined  using 
Figure  8.  For  the  family  of  airfoils  not  shown  in 
Figure  8,  the  leading-edge  radius  should  be  obtained 
from  existing  airfoil  data. 

To  account  for  wing  twist  or  complicated  wing  planforms 
the  methods  of  Reference  1  should  be  used. 

The  methods  outlined  above,  although  specifically 
developed  for  wings,  can  be  directly  applied  to 
horizontal  tailplanes. 


Figure  7.  Leading-Edge  Suction  Parameter  as  a  Function  of  Leading-Edge 
Radius  Reynolds  Number  at  Subsonic  Speeds T  M  <  0.8. 
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5.5  VERTICAL  TAIL  CHARACTERISTICS 


The  aerodynamic  characteristics  of  vertical  tail  surfaces 
are  influenced  by  the  geometry  of  the  body,  wing,  hor¬ 
izontal  tail,  main  rotor,  and  tail  rotor,  and  by  the 
location  of  the  vertical  tail  relative  to  these  compo¬ 
nents.  The  effects  of  main  and  tail  rotors  on  the 
vertical  tail  are  generally  small  and  can  be  neglected. 
The  effects  of  the  body,  wing,  and  horizontal  tail  or. 
lift  and  drag  characteristics  of  vertical  fins  can  be 
obtained  from  the  comprehensive  compilation  of  test 
data  of  Reference  1.  This  document  provides  data  for 
estimating  the  lift  curve  slope  aVTfor  various  vertical 
tail  configurations  such  as: 

(a)  body  merging  into  the  vertical  tail 

(b)  twin  vertical  tails 

(c)  vertical  tail  mounted  on  a  body  of  circular  cross 
section 

The  vertical  tail  lift  and  drag  characteristics  can  be 
calculated  in  terms  of  the  appropriate  lift  curve  slope 
and  the  tail  geometry  as  follows: 


ClVt  =  °vt  /®s 


^-VT  “  C(_yT  Qo  ^VT 

CqVt 


C  2 

Cd°  +VJr 


V  T 


Dvt  '  Cdvt  q0  SVt 


where  the  vertical  tail  profile  drag  coefficient ,  . 

can  be  obtained  aaing  methods  presented  for  wings  in 
Section  5.4. 

The  procedures  for  determining  aVT  for  various  vertical 
tail  configurations  are  presented  in  the  following  sub¬ 
sections. 
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into  Single  Vertical  Tail 


The  calculation  procedure  for  this  configuration  is  as 
follows : 


(a)  Obtain  the  required  geometric  parameters  SVT  ,  h  , 
h(  ,  d  ,  and  c  as  defined  in  Figure  1(a),  and  find 
the  trailing-edge  angle  ■■'f  the  vertical  tail  air¬ 
foil  section,  r  . 


(b)  Compute  the  ratio  of  h,  / h  and  calculate  the  aspect 
ratio  /Rvj  based  on  SVT  ,  thus: 


(c)  Using  the  value  of  h, / h  ,  obtain  (/Rg/^yT  from  Figure 
1(b),  where  ^eVr  the  aspect  ratio  allowing  for 
the  end  plate  effect  of  the  horizontal  tailplane. 
Then,  compute  the  effective  aspect  ratio  from 


^eyr  =  (  ^C)VT 


(d)  Knowing  the  values  of  ^ReyT  and  r  ,  obtain  a'VT  ,  the 
lift  curve  slope  of  the  vertical  tail  considered  as 
an  airfoil  of  rectangular  planform,  from  Figure  1(c). 

(e)  Using  the  ratio  of  d/h  ,  determine  Qyj/oVTfrom  Figure 
1(d),  where  oVT  is  the  required  lift  curve  slope  of 
the  vertical  tail  allowing  for  wing,  body,  and  hor¬ 
izontal  tail  effects. 

Compute  oVT  thus: 

°VT  =  (^T)  °Vt 

0  vt 


5.5.2  Twin  Vertical  Tails 

The  calculation  procedure  for  this  configuration  is  as 
folLows : 

(a)  Obtain  the  required  geometric  parameters  h  ,  h ,  ,  t)T  , 

d,  and  the  area  of  each  vertical  tail  SyT ,  as  defined 
in  Figure  2(a).  Also  obtain  the  fuselage  length J?fus  * 
and  the  trailing-edge  a  igle  of  the  vertical  tail  air¬ 
foil  section  r,  in  degrees. 
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Figure  2.  Lift -Curve  Slope  for  Twin  Vertical  Tailplanes  (Reproduced  From  Royal 
Aeronautical  Society  Data  Sheet  Controls  01.01.02). 


(b)  Compute  aspect  ratio  of  each  vertical  tail  using 


(c)  Compute  the  ratio  h,/h  and  obtain  (/Re  //R)Vr  from 
Figure  2(b),  where  /RevT  is  the  equivalent  aspect  ratio 
of  each  vertical  tail,  allowing  for  the  end-plate 
effect  of  the  horizontal  tail.  Then  calculate 

^eVT  =  ^VT 

(d)  Knowing  the  values  of  /RevT  and  r  ,  obtain  a'VT  ,  the 
lift  curve  slope  of  the  vertical  tail  considered  as  an 
airfoil  of  rectangular  p"1  unform,  from  Figure  2(c). 

(e)  Using  the  ratios  d/h  and  -r^usi  determine  avT/a'VT 
from  Figure  2(d).  Then  calcv  ',te  oVT  thus: 


°VT  =(cV^)a'vT 

where 

aVT  is  the  required  mean  lift-curve  slope  of  the  twin 
vertical  tails  allowing  for  body  and  additional  hor¬ 
izontal  tail-plane  effects. 

5.5.3  Single  Vertical  Tail  on  Body  of  Circular  Cross  Section 

The  calculation  procedure  for  this  configuration  is  as 
fol lows: 

(a)  Obtain  the  required  geometric  parameters  h  ,  h,  ,  D  ,  Ac/4VT 
and  SVt  as  defined  in  Figure  3(a),  and  find  the  taper 
ratio  of  the  vertical  tail,  XVT  . 

(b)  Compute  the  aspect  ratio  of  the  vertical  tail  using 


(c)  Obtain  the  aspect  ratio  correction  factor,  k  ,  from 
Figure  4(a)  or  by  using  the  formula 
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D/h  D/h 

Figure  3.  Lift-Curve  Slope  for  Single  Vertical  Tailplane  on  a  Body  of  Circular 
Cross  Section.  (Reproduced  From  Royal  Aeronautical  Society  Data 
Sheet  Controls  01.01.05). 
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Figure  4.  Lift-Curve  Slope  for  Swept  and  Tapered  Vertical 
Tailplanes.  (Reproduced  From  Royal  Aeronautical 
Society  Data  Sheet  Wings  01.01.01). 


(d)  Calculate  the  effective  sweep  angle  of  the  vertical 
tail,  AevT  ,  from 


Ian  Ae. 


[1an  A  e/4  -  45/R(f+x)_ 


(e)  From  either  Reference  1  or  Reference  2,  obtain  the 
two-dimensional  or  section  lift-curve  slope,  a0vT  . 

(f)  From  Figure  4(b)  or  4(c)  obtain  the  taper  ratio 
correction  factor  r  ,  as  a  function  of  XVT  and 
^vt/Q0vt  cos  AeVT- 

(g)  Then  calculate  the  isolated  vertical  tail  lift-curve 
slope  o'vt  from 


O'vT  ^OvT  ^05  '^’eVT 


+  (l  +  r)k 


(h)  The  lift-curve  slope  of  the  vertical  tail  in  the 
presence  of  the  body  (Ovt^fus  is  then  obtained  from 
Figure  3(b),  which  gives  (aVT)FUS/a'VT  in  terms  of  D/h  . 

The  effect  of  the  addition  of  a  horizontal  tail  is 
expressed  as  a  change  in  vertical  tail  aspect  ratio; 
that  is,  /ReVT  is  so  chosen  that  (Qvt)fus  t  /  °evT  is 
the  same  function  of  D/h  as  (aVT)FL!S  /  o'Vt  •  The  aspect 
ratio  /Revr  is  found  from  either  Figure  3(c)  or  3(d). 

(i)  Recalculate  k  from  step  (c),  AeVT  from  step  (d),  and r 
from  step  (f),  using  the  aDpropriate  value  of  #?evT 

in  every  case.  Then  obtain  (ovtVus.t  »  the  vertical 
tail  lift-curve  slope,  allowing  for  the  body  and  hor¬ 
izontal  tail  effects  from  Figure  3(b),  thus: 


, „  ,  _  ,  ^vtVus.Tv 

'avr)FUS,T  ■  '  Qi  '  °eVT 

®  VT 


(j)  A  factor  based  on  good  engineering  judgement  must  be 
applied  to  account  for  the  effect  of  wing  position  on 
the  lift-curve  slope  of  the  vertical  tail.  For  a  wing 
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mounted  low  on  the  fuselage,  the  vertical  tail  lift- 
curve  slope  may  be  increased  by  a  factor  of  as  much 
as  1.4,  whereas  the  decreased  sidewash  with  the  wing 
at  the  top  of  the  body  may  reduce  the  vertical  tail 
lift-curve  slope  by  a  factor  of  as  much  as  0.7. 
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5.6 


CONVENTIONAL  AIRCRAFT  CONTROL  CHARACTERISTICS 


Presented  ir  this  section  are  practical  engineering 
methods  for  estimating  the  primary  effects  of  fully  or 
partially  deflected  conventional  aircraft  control  surface 
More  rigorous  treatment  of  the  subject  is  presented  in 
References  1  and  2. 

5.6.1  Longitudinal  Control 

Longitudinal  control  is  achieved  by  means  of  an  elevator 
on  the  horizontal  tail  or  by  means  of  a  movahle  horizon¬ 
tal  tailplane.  The  effect  of  the  elevator  on  tail- 
plane  lift  can  be  determined  simply  by  calculating  the 
control  effectiveness  derivative  CLje  using  the  nomogram 
in  Figure  1.  The  increment  of  tailplane  lift  due  to 
elevator  deflection  can  then  be  obtained  as  ACLT  =  CLSeSe  . 
The  calculation  procedures  for  determining  Ci8e  as  shown 
in  Figure  1  are  self-explanatory  and  do  not  require  any 
further  discussion. 

5.6.2  Lateral  Control 

Lateral  control  is  achieved  using  ailerons,  flaperons.  or 
differential  spoilers.  There  are  many  varieties  of 
spoilers  that  can  be  used  for  lateral  control,  therefore 
the  reader  is  referred  to  Reference  1  for  methods  of 
estimating  their  effect.  The  primary  effect  of  ailerons 
and  flaperons  is  to  induce  a  rolling  moment  about  the 
X-axis  of  the  wing.  The  magnitude  of  the  rolling 
moment  can  be  determined  by  obtaining  the  control  effect¬ 
iveness  derivative  CX8o  per  aileron  from  the  nomogram 
in  Figure  2  and  by  summing  the  effects  of  both  port  and 
starboard  wings.  A  secondary  effect  of  aileron  de¬ 
flection  is  to  produce  a  yawing  moment  due  to  asymmetric 
wing  drag.  This  effect,  if  required,  can  be  calculated 
using  Reference  1. 

5.6.3  Directional  Control 

Directional  control  is  achieved  by  means  of  a  rudder 
located  on  the  vertical  tail.  The  primary  effect  on  the 
lift  of  the  vertical  tail  can  be  estimated  by  deter¬ 
mining  the  rudder  control  effectiveness  derivative.  CL,  . 
This  derivative  can  be  obtained  from  Figure  1  in  the  same 
manner  as  by  replacing  8e  with  Sr  .  Then  the  in¬ 

crement  of  lift  on  the  vertical  tail  due  to  rudder  de¬ 
flection  can  be  obtained  from 
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*5 . 6 . 4  Wing  Lift  Controls 

Wing  lift  can  be  controlled  through  the  use  of  trailing- 
edge  flaps,  leacing-edge  flaps,  spoilers,  slots,  slats, 
etc.  Since  the  'nest  common  form  of  wing  lift  control 
device  used  on  compound  helicopters  is  the  plain  trail- 
ing-edge  flap,  the  following  methods  for  estimating  the 
effect  of  flap  deflection  on  wing  lift,  drag,  and  pitch¬ 
ing  moment  are  confined  to  plain  trailing-edge  flaps. 

For  information  on  the  effects  of  spoilers,  slats,  etc., 
the  reader  is  referred  to  Reference  1. 


Lift 


to  Flap  Deflection 


The  change  in  wing  lift  caused  by  deflecting  a  plain 
trailing-edge  flap  by  an  amount  Of  is  given  byACL  =  CLSf  Sf. 
The  derivative  CL5f  can  be  obtained  from  Figure  1  in  the 
same  manner  as  CLSe  by  replacing  8e  by  Sf  and  using  the 
appropriate  wing  geometric  parameters. 


5. 6. 4. 2  Drag  Due  to  Flap  Deflection 


Deflection  of  a  plain  trailing-edge  flap  causes  an  in¬ 
crease  in  both  wing  profile  drag  and  wing  induced  drag. 
The  change  in  overall  wing  drag  is  given  by 


ACd  MKbo-Kbi)ACdf 


where  Kbo  or  Kb| ,  ACdf , and  K1  are  obtained  using  Figures  3. 
4,  and  5  respectively,  and  CL$f  is  obtained  under  5. 6. 4.1 
above . 


5. 6. 4. 3  Pitching  Moment  Due  to  Flap  Deflection 


Large  changes  in  pitching  moment  can  result  from  de¬ 
flection  of  a  trailing-edge  flap.  The  magnitude  of  the 
Ditching  moment  change  is  given  by 


A  CM  =  CMSf  8f 

where  the  derivative  Cm5,  is  ohtained  from  the  nomogram 
presented  in  Figure  6.  A  value  of  C*$f  ,  the  rolling 
moment  derivative  due  to  one  flap  being  deflected,  is 
required  to  use  this  nomogram.  This  is  easily  obtained 
from  Figure  2  in  the  same  manner  as  required  to  obtain 
the  derivative  C^So  described  under  5.6.2  above. 
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Figure  3.  Span  Factor  for  Inboard  Flaps 
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Figure  5.  Continued. 
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Figure  5.  Concluded. 
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Figure  6.  Pitching  Moment  Effectiveness,  Subsonic  Cms  • 
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The  procedures  presented  in  Subsections  5.6.4. 2  and 
5. 6. 4. 3  for  estimating  the  increments  of  drag  and 
pitching  moment,  respectively,  due  to  deflected  wing 
flap,  can  be  used  if  required  to  estimate  these  incremerts 
for  deflected  ailerons  and  elevators. 
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7  AUXILIARY  PROPULSION  CHARACTERISTICS 


Compound  helicopters  can  employ  propellers,  ducted  pro¬ 
pellers,  turbojets,  and  fanjets  to  unload  their  rotors 
propulsively  and  thus  increase  their  speed  capability. 

Most  research  compound  helicopters  to  date  have  employed 
jet  engines  for  this  purpose  even  though  these  engines 
are  relatively  inefficient  in  the  compound  helicopter 
speed  range . 

This  section  presents  some  basic  performance  data  for  the 
three  propulsive  systems  which  may  he  used  in  the  design 
of  compound  helicopters.  These  systems  include  open 
propellers,  ducted  propellers,  and  jet  engines.  Because 
of  the  large  variations  of  performance  parameters  and  the 
specific  geometry  of  each  propulsive  system,  it  is  not 
expedient  to  present  the  required  performance  information 
for  each  propulsive  system  in  the  handbook  format.  For 
this  reason  it  is  recommended  that  the  appropriate  test 
data  be  used  wherever  possible.  However,  if  such  data 
are  not  available,  the  reference  material  cited  in  this 
section  should  be  adequate  for  determining  the  required 
performance  parameters  for  the  specific  propulsive  systems 
under  consideration. 

5.7.1  Propellers 

The  characteristics  of  a  propeller  operating  in  a  flow 
field  parallel  to  the  shaft  axis  are  completely  defined 
once  thrust  T  and  shaft  torque  Q  are  known  at  the  trim 
condition.  However,  when  a  propgller  operates  in  an 
unsymmetrical  flow  field  (  aP  #  0  and/or  /3S  *0°),  then 
oscillating  airloads  are  generated  on  the  propeller 
blades  which  result  in  propeller  shaft  in-plane  forces 
and  out-of-plane  moments.  The  positive  directions  of 
these  propeller  forces  and  moments  are  shown  in  the 


Directions  of  Propeller  Forces  and  Moments. 


The  standard  NASA  propeller  coefficients  shown  in  the 
sketch  are  defined  as: 


T 


2  n4 

p  n  D 


N 


p  n2D4 


p  n2D4 


2  rv5 

p  n  D 
M 

2  n  5 
p  n  D 


p  n2  D5 


,  thrust  coefficient 


,  normal-force  coefficient 


CN 
Cs 

Co 
Cm 
Cy 

Cp  =  27tCq  ,  power  coefficient 


,  side-force  coefficient 


,  torque  coefficient 


,  pitching  moment  coefficient 


,  yawing  moment  coefficient 


where  n  =  propeller  rotational  speed,  rps 
D  =  propeller  diameter,  ft 


In  addition,  the  following  parameters  are  required  to 
define  the  propeller  and  its  operating  condition: 


B  =  number  of  blades 


/3  =  propeller  blade  angle  measured  at  0.75R,  deg 


-^2-,  advance  ratio 
n  D 

V0  cos  aP 

- j=j -  ,  advance  ratio  based  on  velocity  component 

n  normal  to  propeller  disc 
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AF  -  J  d(-^-)  t  activity  factor  per  blade 

where  b r  blade  chord  at  radius  r,  ft 
R  i  propeller  radius,  ft 


The  activity  factor,  AF,  is  a  measure  of  the  blade's 
ability  to  absorb  power:  as  such,  it  would  be  a  better 
parameter  for  comparing  different  propellers  than  the 
solidity  factor  tr  ,  which  does  not  account  for  variations 
in  blade  width  along  the  blade  span.  Any  two  propellers 
may  have  the  same  solidity,  but  if  one  has  most  of  its 
blade  area  at  the  root  while  the  other  has  most  of  its 
area  at  the  tip,  their  capacities  for  absorbing  power 
will  be  widely  different. 

It  should  be  noted  that  the  nomenclature  and  definition 
of  propeller  parameters  vary  greatly  in  the  literature, 
and  caution  should  be  evercised  when  comparing  the  results 
of  one  report  against  another. 

Many  theoretical  and  semiempirical  methods  for  estimating 
propeller  forces  and  moments  are  available  in  the  lit¬ 
erature,  such  as  those  given  in  References  1  through  9- 
Although  these  methods  are  useful  for  calculating  trim 
conditions,  most  of  them  do  not  provide  any  direct  methods 
for  calculating  all  the  required  propeller  stability  der¬ 
ivatives.  If  theoretical  methods  must  be  used  to  deter¬ 
mine  the  propeller  characteristics,  References  1  and  2 
are  recommended  because  they  do  provide  means  for  esti¬ 
mating  most  of  the  stability  derivatives.  However,  even 
these  methods  require  some  empirical  data  in  order  to 
obtain  accurate  estimates. 

If  the  propeller  shaft  horsepower  is  known,  the  charts  in 
Reference  10  provide  a  simple  means  for  accurately  deter¬ 
mining  the  thrust  and  torque  for  2-,  3-,  and  4-bladed 
propellers . 

This  report  recommends  the  use  of  propeller  test  data  to 
obtain  the  propeller  characteristics  and  stability  deriv¬ 
atives.  A  good  compilation  of  such  propeller  test  data 
is  contained  in  References  11  through  14.  By  using  test 
data  for  a  propeller  similar  to  the  one  under  investiga¬ 
tion,  the  required  parameters  can  be  quickly  obtained  for 
design  purposes. 
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The  propeller  coefficients  CT  t  Cp  ,  C,,  ,  f  and  CY  are 
normally  presented  in  any  of  the  following  formats: 


Coefficients  versus  J(J') 
values  of  aP 

Coefficients  versus  J(  J1  ) 
values  of 

Coefficients  versus  ap 
values  of  /3 


for  various  /3  at  constant 
for  various  aP  at  constant 
for  various  J(J')at  constant 


Any  of  the  above  presentations  can  be  cross  plotted  to 
obtain  the  required  data.  The  coefficient  Cs  is  normally 
assumed  to  be  negligible  for  angle-of-attack  variations. 
The  propeller  characteristics  are  obtained  by  reading 
Ct  ,  CP  =  27tCq,  Cn  Cm  ,  and  CY  at  the  trim  conditions. 

The  stability  derivatives  of  the  coefficients  versus  J 
or  J1  and  aP  are  also  obtained  by  graphically  taking 
slopes  at  the  trim  conditions. 

In  sideslip  (/Ss),  the  symmetry  in  the  propeller  disc  plane 
allows  the  propeller  parameters  to  be  determined  by  assum¬ 
ing  aP  to  be  similar  to  /3S  so  that: 


Cy  ~  CM 


5.7.2  Ducted  Propellers 


Ducted  propellers  are  attractive  for  use  on  compound 
helicopters  mainly  because  they  reduce  the  size  of  the 
propeller  required  to  produce  a  given  thrust.  This 
increase  in  propulsive  thrust  is  generated  by  the 
negative  pressure  distributions  over  the  leading  edge 
of  the  duct  shroud  and  by  the  increase  in  flow  rate 
through  the  propeller,  which  increases  its  efficiency. 
Also,  at  an  angle  of  attack  the  shroud  acts  as  an 
aerodynamic  lifting  surface,  thus  generating  lift 
which  may  be  used  for  control  purposes. 

Because  of  the  many  design  and  operating  parameters 
that  can  vary  for  a  ducted  propeller,  it  is  recommended 
that  test  data  be  used  to  accurately  determine  the 
characteristics  of  a  given  system.  The  test  data  pre¬ 
sented  in  Reference  15  are  particularly  useful  for 
this  purpose. 

References  16  through  18  can  be  used  to  estimate  the 
characteristics  of  a  ducted  propeller  if  test  data  are 
not  available.  References  18  through  21  can  be  used 
to  estimate  the  stability  derivatives  for  these  sys¬ 
tems. 

5.7.3  Jet  Engines 

Turbojet  and  fanjet  characteristics  are  best  obtained 
from  test  data  or  engine  manufacturers’  curves  for  the 
specific  engines  being  used.  Generally,  only  the 
thrust  (  TPj  ),  the  engine  torque  (Qpj),  and  the  normal 
force  at  the  inlet  (  Np; )  are  required  to  define  trim. 

Of  these  parameters,  the  thrust  is  usually  known 
either  by  measurement  or  by  assuming  a  value.  However, 
unless  engine  test  data  are  available,  the  effect  of 
engine  torque  (QPi  )  is  usually  neglected  since  it  is 
generally  small.  Reference  22  may  be  employed  if 
more  detailed  estimates  of  jet  engine  characteristics 
are  required. 

If  the  static  thrust  is  known,  the  decrease  in  thrust 
with  forward  speed  can  be  estimated  using  Figure  1, 
which  was  obtained  from  Reference  23.  This  graph  can 
be  used  to  obtain  typical  values  of  the  forward  speed 
derivative  <3TP|/du  by  graphically  taking  slopes  at 
the  trimmed  airspeed. 

For  preliminary  design  purposes,  the.  normal  force  act¬ 
ing  at  the  intake  of  a  jet  engine  can  be  found  from 
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momentum  considerations.  The  air  passing  through  a 
propulsive  duct  experiences,  in  general,  a  change  in 
magnitude  and  direction.  The  change  in  magnitude 
is  the  principal  source  of  thrust,  and  the  change  in 
direction  produces  the  normal  force  which  acts  normal 
to  the  thrust  vector  at  the  inlet.  The  magnitude  of 
the  normel  force  can  be  estimated  with  the  aid  of  the 
sketch  below. 


Jet  Engine  Force  and  Velocity  Vectors. 

Let  the  mass  flow  through  the  duct  he  m'  slugs  per 
second  and  the  velocity  vectors  at  the  inlet  and  ex¬ 
haust  be  Vj  and  Vj  respectively.  The  magnit  'e  of 
Vj  can  be  expressed  in  terms  cf  the  mass  flow  m'  and 
inlet  area  Aj  ;  thus 

Vj  =  m'/AjyOj 

Application  of  «-he  momentum  principle  then  shows  that 
the  normal  force  or  component  cf  the  momentum  change 
can  be  expressed  as 


NP  -  m'  V,  sin  aP 

\ 

.  .2. 

-/3|V(  A;smaP 


If  we  now  assume  free-stream  conditions  at  the  inlet 
such  that  Vj  V0  and  pt  a  pQ  ,  then 
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NP  1  P0WoA\  5in  aP 


1  2qQAj  sin(a-ep  +iP) 


This  expression  is  plotted  in  Figure  2  in  a  form 
suitable  for  graphical  evaluation  of  the  derivative 
<3NP/daP  , 
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Figure  2,  Jet  Engine  Normal  Force  From  Momentum  Considerations 
Versus  Angle  of  Attack,  aP. 
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5 . 8  DOWNUASH  INTERFERENCE  EFFECTS 


Interference  effects  between  aerodynamic  components  can 
be  expressed  in  terms  of  changes  of  local  velocity  and 
local  angle  of  attack.  Changes  in  the  effective  velocity 
due  to  aerodynamic  interference  are  generally  small  and 
are  herein  neglected.  Changes  in  local  angle  of  attack, 
however,  can  be  appreciable.  In  general,  the  local  angle 
of  attack  of  an  aerodynamic  component  can  be  expressed 
in  terms  of  the  remote  stream  angle  of  attack  and  inter¬ 
ference  angles  as  follows: 


C  uOCAL  =  u  +  i  -  € 


where 

a  =  remote  wind  angle  of  attack  relative  to  the  Y-avis 

i  =  the  geometric  inclination  of  the  specific  aero¬ 
dynamic  component  considered  with  respect  to  the 
X-axis 

e  =  aerodynamic  interference  angle 

For  the  compound  helicopter  configurations  considered  here, 
the  aerodynamic  interference  is  generated  mainly  by  the 
downwash  velocities  of  the  rotors,  the  downwash  velocity 
behind  the  wing,  and  the  jet-induced  downwash  behind  the 
auxiliary  jet  engines. 

5.8.1  Rotor  Interference  Effects 


The  rotor  downwash  can  affect  any  other  rotor,  the  fuse¬ 
lage,  and  any  lifting  surface  attached  to  the  fuselage. 

The  downwash  velocity  of  a  rotor  varies  with  time  as  well 
as  with  location.  The  determination  of  the  effect  of 
such  varying  velocity  distribution  on  the  lift  and  drag 
of  a  rotor,  fuselage,  or  lifting  surface  is  an  exceed¬ 
ingly  complicated  task;  in  fact,  to  be  consistent  with 
other  assumptions  made,  it  is  not  required  in  the  stabil¬ 
ity  and  control  analysis.  It  is  adequate  to  assume  that 
the  effective  change  of  angle  of  attack  of  an  aerodynamic 
component  due  to  rotor  downwash  is  equal  to  the  average 
downwash  velocity  of  the  rotor,  divided  by  the  free-stream 
velocity,  and  multiplied  by  an  appropriate  downwash  inter¬ 
ference  factor.  Hence,  the  angle  due  to  downwash  inter¬ 
ference  of  the  front  rotor  on  the  rear  rotor  of  a  tandem 
helicopter  is  given  hv 
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I 


€r  z  ^FR^TT^ 
v0 


where  KFR  is  the  interfe-~ence  factor  of  the  front  rotor 
on  the  rear  rotor,  as  identified  by  the  subscripts  fr  ; 
VjF  is  the  average  induced  velocity  at  the  front  rotor 
plane.  The  term  Vjp  is  obtained  by  use  of  the  momentum 
equation  as  follows: 


£  VQn  a^~^F  z  |V' 

o  H-  2/j.V/j2  +X2  J 


The  downwash  interference  angles  of  the  front  rotor  on  the 
rear  of  a  tandem-rotor  helicopter  or  front  and  rear  rotors 
on  other  aerodynamic  components  can  therefore  be  written 
as  follows: 

(a)  Front  Rotor  on  Rear  Rotor 


:R  =  KFR|^tan  ac  ^ 


(b)  Fuselage 


1  Kppus  Ian  ac ^  +  KRFUS  tan  ac  -(-jj-)] 


(c)  Wing 


rw  =KFW  tan  ac  +  KRW  ta.i  atc  * 


(d)  Horizontal  Tail  Surface 


X  1  f  X  ■ 

€j  =KFT  tan  ac  p  +Krt  tan  ac  -(— )  ^ 


(e)  Vertical  Tail  Surface 


€vt  '  Kpyrf tan  ac  -(■£-)]  +  KRVJfon  ac  -(■£-)] 

L  r*  JF  L  '  '  Jfi 
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(f) 


Rear  Rotor  on  Front  Rotor 


-  Krf 


ter. 


(g)  Tail  Rotor 


eTR  ‘  Kftr 


ton  ac  -(— ,j 


+  Krtr  ion  ac 


-(A.) 


On  the  basis  of  data  on  the  downwash  behind  a  single 
rotor,  such  as  Reference  1,  it  has  been  concluded  by  other 
investigators  that  a  presentation  of  the  downwash  factor 
as  a  function  of  wake  angle  will  yield  more  accurate 
results.  The  wake  angle  is  defined  by 


X  -  a,.  +  ton 


The  variation  of  the  interference  factor  KFR  as  a  func¬ 
tion  of  X ,  (presented  in  Figure  1)  neglecting  rotor  overlap 
and  differential  rotor  height,  may  be  taken  as  that  sug¬ 
gested  in  Reference  2. 

This  factor  is  obtained  from  the  theory  of  Reference  3 
and  represents  the  value  of  the  ratio  of  the  downwash 
at  the  location  of  the  center  of  the  rear  rotor  to  the 
downwash  at  the  center  of  the  front  rotor.  The  theory 
is  based  on  the  downwash  due  to  one  isolated  rotor  and, 
hence,  neglects  the  effect  of  the  presence  of  the  rear 
rotor  on  the  resultant  flow  of  the  front  rotor.  Cor¬ 
relation  with  test  data,  similar  to  those  obtained  in 
Reference  4,  is  required  to  check  the  validity  of  ne¬ 
glecting  the  effect  of  the  rear  rotor  on  the  forward 
rotor.  It  is  recommended  that  until  better  information 
becomes  available,  the  value  of  KFR  ,  as  presented  in 
Figure  1,  should  be  used.  It  is  also  recommended  that 
KFT  be  taken  equal  to  KFR  .  Very  little  information  is 
available  on  the  effects  of  the  rear  rotor  on  the  front 
rotor,  therefore  some  investigators  recommend  the  use 
of  Krf  =  -0.08  to  indicate  the  existence  of  a  slight 
upwash.  Until  more  reliable  data  becomes  available,  it 
is  recommended  that  Krf  =  0  be  used. 

Measurements  of  fuselage  lift  and  drag  reported  in  Ref¬ 
erence  5  indicate  that  for  a  single  rotor  helicopter. 

KFF)JS  is  approximately  1.0.  Also,  test  data  presented  in 
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ROTOR  WAKE  ANGLE,  X  -DEGREES 


Figure  1,  Rotor  Interference  Factor,  KFR  f  Versus  Rotor 
Wake  Angle,  X. 
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Reference  5  on  the  horizontal  tail  interference  factor 
are  reprcduced  bore  as  Figure  2.  These  data  were  ob¬ 
tained  for  the  horizontal  tail,  located  approximately 
one  rotor  radius  behind  the  rotor  center.  Based  on 
these  data,  i^  is  recommended  that  KFT  =  1.0  be  used. 

In  summary,  the  following  values  for  the  downwash  inter¬ 
ference  factors  are  recommended: 


KFR  -  see  Figure  1 
Kft  :  Kf:VT  =  KFTR  :Kfr  =  KFFUS  10 
Krt  z  KRVT  =  KRTa::KRFus  =  1.0 
Krf  =  0 

The  interference  factor  of  the  front  rotcr  or  the  rear 
rotor,  if  any,  on  the  wing  can  be  obtained  trom  the  exper¬ 
imental  results  of  Reference  6  reproduced  herein  in  Fig¬ 
ure  3.  This  figure  shows  the  variation  of  the  rotor¬ 
wing  interference  factor  KFW  as  a  function  of  wing  vertical 
location  relative  to  the  rotor  U2w~^-zF)/2  RF  and  the  wing 
size. 


5.8.2  Wing  interference  Effects 

The  primary  interference  effect  of  a  wing  is  to  induce  a 
downwash  angle  ( eT )  at  the  tail.  This  effect  can  be  esti¬ 
mated  from  Figures  4  and  5,  which  have  been  reprcduced 
from  Reference  7.  The  results  shown  in  these  figures  are 
presented  as  a  function  of  location  of  the  tailplane 
relative  to  the  wing  for  a  series  of  values  of  aspect 
ratio  (  =  6,  9,  and  12)  and  taper  ratios  (  Xw  =  1.  2, 

3  and  5).  For  interpolation,  values  of  eT/CLvv  should  be 
cross  plotted  against  l//Rw.  The  charts  apply  to  subsonic 
flow  only,  and  to  wings  with  sweep  less  than  15  degrees. 

The  calculation  procedure  for  obtairing  cT  is  as  follows: 

(a)  From  the  aircraft  geometry,  obtain  bw  ,  49w  ,  ,  and 

x,  which  is  the  distance  measured  parallel,  to  the 
direction  of  airflow  between  the  quarter  chord  pcint 
of  the  wing  root  chord  and  the  quarter  chord  point 
of  the  horizontal  tail.  Also  obtain  CL  from  Sec¬ 
tion  5.4, 
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INTERFERENCE  FACTOR,  KFX,  AT  HORIZONTAL  TAIL  SURFACES 


-0.5  -0.4  -0.3  -0.2  -0.1  0 

VERTICAL  DISTANCE  FROM  TAIL  TO  ROTOR 
(PERCENT  ROTOR  RADIUS) 


Figure  2.  Interference  Factor,  KFT  at  a  "Half-Tee"  Tail 
Versus  Vertical  Distance  From  Tail  to  Rotor. 
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RECTANGULAR  WING,X 


Figure  5.  Downwash  Behind  Wings  of  Taper  Ratios,  Xw  =  1,  1/2,  1/3,  1/5 


Calculate 


(b) 


(c)  Using  the  values  of  Xw  and  /Rw  from  step  (a)  and  the 
ratio  x/s  ,  obtain  j /(  s C(_ w  )  from  Figure  4.  The  par¬ 
ameter  d  is  the  distance  of  the  vortex  sheet  median 
plane  below  the  wing  trailing  edge,  measured  normal 
to  the  direction  of  airflow. 

(d)  From  aircraft  geometry,  obtain  h  the  distance  to  the 
quarter  chord  point  of  the  horizontal  tail  (up  or 
down),  from  the  vortex  sheet  median  plane,  measured 
normal  to  the  airflow  (i.e.,  from  the  position 
defined  by  x  and  d ) . 

(e.)  For  the  wing  parameters  /Rw  ,  Xw  obtained  in  step  (a) 
and  the  ratios  x/s  and  ±h/s,  determine  eT/CLw  from 
Figure  5.  Finally,  obtain  the  downwash  angle  at  the 
tail  due  to  the  wing,  thus: 

‘  M^-)CLw 

'-Lw 

For  more  detailed  estimates  of  wing  downwash  angles  or 
for  configurations  not  covered  by  the  above  method,  the 
wing  downwash  charts  in  Reference  8  can  be  used. 

5.8.3  Jet  Induced  Downwash 


The  downwash  angle  induced  on  the  horizontal  tail  by  one 
or  more  jets  may  be  estimated  by  using  the  results  pre¬ 
sented  in  Figures  6,  and  7,  reproduced  from  Reference  9. 
The  calculation  procedure  is  as  follows: 

(a)  Calculate  the  theoretical  origin  oi  the  jet  x;  to 
be  2.3  jet  exit  diameters  (  Dj  )  upstream  of  the  jet 
exit,  thus 


x,  -  2.3  Dj 


(b)  From  the  aircraft  geometry  obtain: 

(i)  the  axial  distance  (  x(  )  along  the  jet  thrust 
axis  from  the  theoretical  origin  of  the  jet  to  a 


perpendicular  to  the  elevator  hinge  line 

(ii)  the  radial  distance  r,  from  the  jet  thrust 
axis  to  the  elevator  hinge  line 

(c)  Using  the  value  of  xj  from  step  (b),  compute  TP/qox, 
and  obtain  the  value  of  re/x,  from  Figure  6 

(d)  From  Figure  7  obtain  values  of  (  I  -  6'/ae  )  for 
appropriate  values  of  0. 24x|.y/q0  /  TP  and  at  0.24 
Xj */qQ/7p  where 

Q'  is  the  local  inclination  of  the  jet  axis  to  the 
general  flow 

ae  is  the  angle  of  attack  of  the  thrust  axis  relative 
to  the  average  flow  between  the  jet  and  tail 

(e)  Sum  the  two  values  of  (  I  —  0'/ae  )  obtained  in  step 
(d)  and  divide  the  result  by  2  to  obtain  (  I  -9'/ae  )avg 

(f)  Obtain  the  downwash  angle  at  the  horizontal  tail 
due  to  the  wing,  €T  ,  from  Section  5.8.2  and  use 
this  to  obtain 


ae  =  aP  -  cT  degrees 


(g)  Find  the  actual  location  of  the  jet  center  line 
relative  to  the  tail  (r),  thus: 

r  =  r,  +  Ar 


where  the  change  due  to  jet  deflection  in  the  radial 
distance  r,  is  given  by 


(h)  Using  the  value  of  r  from  step  (g)  and  x,  from  step 
(b),  obtain  the  jet-induced  flow  inclination  (e  ) 
from  the  value  of  re/x(  obtained  in  step  (c).  thus 
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1(i)  From  Figure  8  obtain  the  ratio  (  eT/e  )  as  a  function 

of  2d/bT  and  r/bT.  Using  the  vslue  of  €  from  step 
(h)t  obtain  the  estimate  of  the  mean  induced  down- 
wash  angle  over  the  horizontal  tail,  thus: 


l 
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igure  8.  Ratio  of  the  Effective  Mean  Downwash  €  Induced  by  the  Jet  Over  the 
Tailplane  to  the  Flow  Inclination  €  Induced  at  a  Radius  r  . 
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SECTION  6. 


PERTURBATION  EQUATIONS  OF  MOTION 


In  accordance  with  the  commonly  used  stability 
analysis  procedure,  only  small  perturbations  about  the  trim 
conditions  are  considered.  This  is  accomplished  by  linear¬ 
izing  the  equations  of  motion  presented  in  Section  4.  The 
variables  0,  $,  etc.,  denote  changes  from  trim  conditions 
of  aircraft  pitch  attitude,  pitch  rate,  etc.  The  parameters 
A|c  ,  B|c  ,  0C  ,  and  0TR  denote  pilot  control  inputs  in 
lateral  and  longitudinal  cyclic  pitch,  main  rotor  collective 
pitch,  and  tail  rotor  collective  pitch,  respectively.  Jt 
and  J2  are  the  pilot's  authority  ratios  in  the  longitudinal 
and  lateral  control,  respectively.  The  terms  XQ,  XQ  ,  etc., 
are  the  total  or  composite  aircraft  stability  derivatives  and 
denote  the  rate  of  change  of  forces  or  moments  with  respect 
to  the  subscript  variable  evaluated  at  the  trim  conditions. 
The  composite  or  total  stability  derivatives  are  presented 
in  Section  7. 

The  perturbation  equations  of  motion  can  be  expressed 
as  Lot  lows: 

(a)  The  X  - P-  e  Equation 


XyU  +  XyUd-Xy/V-t-  XyyW  +  X  +  X  Q  0  +  X  Q  0  +X  ^  +  X  ^  \f/ 
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(b)  The  Y-Force  Equation 


Yuu  +  Yvv+Y0m^+Ye$+Y^+Y^+Y^+Y^ 


+J>1 \\+\K^\S+\^ 

+ J«lYec^  +'.«c  rc)  +y8s?s  +y8$?s  =  o 


(c  )  The  Z-Force  Equation 


ZjjU  +  ZyV+Z^-w-f  Z^t  +  ZqQ  +Z0^+Z^,^  +  Z^ 


+j3(zSrcSrc+zsrcSr(.)+zSrsSrs+zsrsSrs 


+j4(ze/c  +z8c5rc)+z8ses  +z  s5es  =  o 


(d)  The  Roll  trig  Moment  Equation  Of) 


<£+X,j, 

+  J,(Xa,c5',c  +  XB|c&|c)+X0|s&|s  +  XB|s'S|s 

+  J3lXs  §rc+^Sr  ^rc)+^8r  ^rs+£s  $rs 
rc  w  1  c  1  s  s 

+^aec9c+Ze$c)+Ze/s  +Zqs$$~ 0 


(e)  The  Pitching  Moment  Equation  (M) 


Muu  +  Mv  v  +  M^w+M^w  +  Mg  0+Mg  HT 
+  M  +  +  + 
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4  j4  (Mgc  $c +Mec^c) + Messs+Mes&» =  0 


(f )  The  Yawing  Moment  Equation  (N) 
Nu  u+Nvv+Nw-w’+N^^+Ne  ^+Ne^ 
+  N^,^+N^qf+N^i|r + 


+  J2  (N.,cA,c+NilcS,,J  +N4,sE,s  +N  i,s  t,s 
■■•J»(N8,cSrc+NjreSrc)+N8(J,s+N»fiS',s 
+ j,  (Ngc  ffc +Nac9c)+Ngs5s+NgsS’s  =  0 


(g)  The  Stabilization  Equations 

Generalized  stability  augmentation  system  equations  are 
as  follows: 

B,  *-B,  (D,  +  D2B,  )  +  k,'9r+k2J+k3u  +  k4w- 
S  £  s 

^s=-A,s(D,+D2A,s)  +  k55-k6|-M 
Srs  =  -l'sSrs-k9v-kl0f 
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The  simplified  "lagged  rate"  stabilization  system  can 
be  represented  by 


Bis=_Dl  B's  +  k2®" 

AIS=~D|  A's~k6? 

Srs=  “  ^B^rs  “^io^ 
where 

D|  and  Dg  are  damping  constants 

k(  ,  kg  ....etc.  are  the  linkage  ratios. 


SECTION  7.  STABILITY  DERIVATIVES 


7.1  TOTAL  STABILITY  DERIVATIVES 

The  total  aircraft  stability  derivatives  are  obtained  by 
differentiating  the  equations  of  motion  (presented  in 
Section  4)  with  respect  to  the  appropriate  stabili  ty 
variables.  The  derivatives  presented  herein  are  not 
limited  to  small-angle  assumptions  for  initial  trim 
conditions  as  used  in  Reference  1.  These  derivatives 
apply  to  completely  arbitrary  (non-zero)  angular  atti¬ 
tudes  and  angular  rates.  As  such  they  can  be  used  for 
stability  analyses  of  compound  helicopters  in  maneuv¬ 
ering  flight  conditions  as  well  as  in  steady,  level 
flight. 

7.1.1  The  X-Force  Derivatives 

7. 1.1.1  Xu 


1 1 

Xu  =  (Xu)r+(Xu)R+(Xu)rus+(Xu)w+(Xu)T  +(XU)VT+(XU)TR+I  (XU)R 


M 


where 


(Xu)r  =  ^k  =  x„.+x,  <3°f 


du  au 


„  rd(x)F  <3lf  <3yf  <3df  1 

Xuf=L3u — =  0u”COS  A<F“  a7sin  A|f*  sin (a-eF)~ — cos(a-eF)  cos/3s 


<3lf  .  A  ,  (3yf  ,  a 

(-t — sin  A|F+  — - cos  A|f)  sin  /3S 

OuF  o  u  f 


„  d(x)F  r  dif  n  ayF  ,  aoF 

a^C0S  A|^"d^ Sin  A'f'  ^te-eF)-ya-cos(a-,F) 

+  (LF  cos  A)r  -yf  sin  A,f)  cos(a-tF)  +  0F  sin  (a-FF)Jcos  & 


,  <3lf  a  <3Yf  \  ■  o 

(— - sin  A,f  +  -  - -t-  cos  A|_  )sin  ps 

daF  r  0aF  F 
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<3u  d  u 


’  o  H- 


.  v  (3(X)r  ,  w  daR 

Xu"  u»+Xaf_57 

sin  A,  )sin(a-ee)- -f-^cdtla-cnlk 
0  U  p  0  u  p  J 


v  d(X)B  I 

Ub'  aUB  ' 


^cos  *»+!Z 


l 


cos  /3S 


sin  A,  cos  Aip)sin 

duH  R  dan 


— —  =  (-"^cos  A,  +  -  ----  sin  A,  )  sin  (a-eR)  -  -j—  cos  (a-cR) 
daR  daR  R  oaR  R  oaR 


Xa  = - 

R  <3aR  waR  ^“R 

+  Yr  sin  A,  )  ccs  (a-cR)  +  DR  sin  (a-£R) 

R 


da( 

+  (LRcos  AIr- 


cos  /3S 


(|tfi-SinA,B-^coSA 
daR  daR 


tXu>F 


<3aR  _ 

c)€R  _ 

Kfr  i  ^ 

du 

(3u  ' 

=L 

1  O 
> 

1 

^Mfus 

0aP;> 

X..  4-  x~  — -■- 

du 

UFUS 

“FUS  a  U 

^(YVus  r 

^  L-fus 

•v 

sin  (a-eFUS)-  - 
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. daT  daT 

+  Lj  cos  (a_c-|-)  +  D7  sin  {Q-e7)j  cos  ^Ss 


da7  _  _  deT 
du  du 


kft  ^_X_  _  d\ ^ _  KRT  ^  X  __  dX  ^ 

v  q  f.L  dfi  F  v0  ^  d/i.  R 
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du  "  du  V0  /X  dfJL  F  V0  fl  dfj,  F 

<xu>  -^ia-x„..+x  -iSH 
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a  (x)p: 

Xup.  +x« 

i 

i 

a  u 

d(X)P 

i .  ai>i 

Upi '  aUP; 

duP 

dap. 
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+  Yr  sin  A,R)sin(a-€R)-DR  cos(a-eR)j  sin  /3S 
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7. 1.1. 5  XvV 
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7. 1.1. 7  X9 
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7. 1.1. 8  X<*> 
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7. 1.1. 9  X<£ 
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7.1-10 
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7. 1.2.1  Yu 
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where 
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+[!ff-  cos  a'r  +  X~si"  A|R+  DR>  sin{a-«R) 
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Yavr  =  3^— =-- cos  #s  -  ("-—^cos  (a-c  ) 

aaVT  aavT  s  L  c3a VTC0S  a  fyT 
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7.1.4  The  Rolling  Moment  (X)  Derivatives 

The  rolling  moment  (about  body  X-axis)  can  be 
written  in  its  abbreviated  form  as 
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7.1.5  The  Pitching  Moment  (M)  Derivatives 

The  pitching  moment  (about  body  Y-axis)  can  be 
written  in  its  abbreviated  form  as 
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7.1.6  The  Yawing  Moment  (N)  Derivatives 

The  yawing  moment  (about  body  Z-axis)  can  be 
written  in  its  abbreviated  form  as 


n  n 

N  *I(N),  »I|(Y),ix 

i=i  i=l 

where 

{X)j  and  lY)j  are  forces  in  the  X  and  Y  directions  of 
body  axes,  respectively,  due  to  i™  aircraft  components, 
and  -?Xj  and  XYj  are  their  respective  moment  arms. 

{N0)j  is  the  steady  aerodynamic  yawing  moment  about 
aircraft  C.G.  due  to  aircraft  components,  and  Ni 
is  the  inertia  yawing  moment. 
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7.2  CONTROL  DERIVATIVES 


In  response  calculations,  particularly  when  stability  aug¬ 
mentation  devices  are  used,  it  is  necessary  to  determine 
the  control  derivatives. 

For  some  high-performance  compound  helicopters,  the  control 
system  may  consist  of  a  mixture  of  conventional  helicopter 
and  fixed-wing  aircraft  controls.  These  controls  may  be 
automatically  or  manually  switched  to  operate  either  in 
the  helicopter  or  aircraft  control  modes,  or  integrated  to 
work  together  in  a  cajoled  svstem.  The  mathematical  pro¬ 
cedures  given  below  for  generalized  compound  helicopter 
controls  can  be  readily  modified  to  suit  any  of  the  above 
control  variations  by  excluding  the  nonapplicable  control 
terms . 

The  generalized  compound  helicopter  controls  consist  of: 

(a)  Pilot  Longitudinal  Cyclic  Control  (  Bl(.) 

The  longitudinal  control,  B|C  ,  is  applied  through  a 
forward  or  aft  control  stick  motion.  This  control 
gives  rise  to  a  pitch  moment  about  the  aircraft  center 
of  gravity.  For  single-rotor  helicopters,  the  stick 
motion  actuates  the  longitudinal  cyclic  pitch.  B|F  . 

For  tandem-rotor  helicopters,  this  control,  which  in 
some  cases  may  also  activate  the  cyclic  controls  of 
both  rotors  (  Blf7  and  B!r  ),  always  applies  differen¬ 
tial  collective  pitch.  Differential  collective 
pitch  is  achieved  by  reducing  the  collective  pitch 
on  one  rotor  head  and  increasing  it  on  the  other. 

With  fixed-wing  aircraft  controls,  the  stick  motion 
actuates  the  elevator  angle,  Se  ,  or  the  horizontal 
tail  incidence,  iT  . 

Mathematically,  the  longitudinal  control  cf  a  gener¬ 
alized  compound  helicopter  can  be  expressed  as 


B|c  =  d|  Bij.  +  e,  B(r  -  f(  A@0(.  +  g  A@0r  +  h(  8e  +  i|  ij 

where  d(  ,  e(  ,  fj  .  gi  .  h|  .  and  i|  are  the  appropriate 
linkage  ratios  between  the  stick  motion  and  the 
actual  control  motion.  In  the  case  of  single-rotor 
pure  helicopters,  the  linkage  ratios  ei  ,  f|  .  gi  ,  h|  , 
and  i|  are  zero.  For  tandem-rotor  helicopters,  gen¬ 
erally  dt  =  e|  (or  both  d|  and  ei  may  be  zero  for  some 
modern  tandem  helicopters)  and  f|  =  g(  .  Thus,  the 
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longitudinal  control  for  tandem-rotor  helicopters 
without  fixed-wing  controls  becomes 

B,c  =  d,  ( 3((r  +  BIr)  -  f,  (A0Of“A9Or) 

For  a  single-rotor  compound  helicopter,  the  linkage 
ratios  et  ,  f|  ,  and  gi  are  zero.  Thus,  the  longitud¬ 
inal  control  for  such  an  aircraft  can  be  expressed  as 

B(c  =  d,B|F  +  h,$e  +  Mt 

(b)  Pilot  Lateral  Cyclic  Control  (  A|c) 

The  lateral  control  is  applied  through  a  lateral 
stick  motion  (right  or  left)  which  activates  lateral 
cyclic  pitch  control  at  the  front  and  rear  rotor 
(  A|p  and  A,„  )  in  the  same  direction  as  the  stick 
motion  and/or  deflects  the  ailerons  antisymetrically 
to  produce  a  rolling  motion  in  the  same  sense  as  the 
stick  motion. 

The  lateral  control  for  a  generalized  compound  heli¬ 
copter  can  be  expressed  as: 

A,c  =  d2Al(:  +  e2A,R  +  f28a 

where  d2  ,  e2  ,  and  f2  are  the  control  linkage  ratios. 

For  single-rotor  helicopters,  e2  =  f2  =  0,  and  for 
tandem-rotor  helicopters,  d2  =  e2  and  f2  =  0,  thus 

A|c  -  d2(  A,f  +  A,r  ) 

For  a  conventional  compound  helicopter  configuration, 
the  lateral  control  can  be  expressed  as 


*ic  =  ^2  A|F  +  ^2 
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(c)  Pilot  Directional  Control  (  8rc  ) 

Directional  control  is  applied  through  a  pedal  move¬ 
ment.  For  a  tandem-rotor  helicopter,  the  right  pedal 
forward  applies  the  lateral  cyclic  to  the  right  on 
the  front  rotor  head  (  A|p  )  and  to  the  left  on  the 
rear  rotor  (  A;R  ) .  In  the  case  of  a  single-rotor  heli¬ 
copter,  the  right  pedal  forward  increases  the  thrust 
of  the  tail  rotor  to  the  left,  through  a  change  of 
tail  rotor  collective  pitch  (  A0OtR  )•  With  fixed- 
wing  controls,  the  right  pedal  forward  defects  the 
rudder  to  the  right  through  an  angle  Se  about  the 
rudder  hinge. 

In  general,  the  directional  control  can  be  expressed 
as: 


Src  =  d3A,F  ~e3A|R  -  f3  A0Otr“  <33$r 


For  a  single-rotor  configuration,  the  linkage  ratios 
d3  =  e3  =  g3  =  0.  For  a  tandem-rotor  configuration, 
f3  =  g3  =  0  and  d3  =  e3  .  Hence,  for  tandem-rotor 
helicopters, 


8rc  =  CI3  ^  A,f  —  A,r  } 

For  a  single-rotor  compound  helicopter,  d3  =  e3  =  0. 
Hence,  the  direction  control  is  given  by 

^rc  =  “  f3  A0Otr  -  g3 Sp- 

Cd)  Pilot  Vertical  Control  ( 6C ) 

Vertical  control  which  is  achieved  through  a  change 
in  rotor  thrust  is  applied  through  a  collective,  pitch 
lever,  which  activates  the  collective  pitch  of  the 
front  and  rear  rotor  in  the  same  direction.  In  addi¬ 
tion,  the  wing  incidence  (  iw  )  can  be  coupled  to  the 
collective  control  to  maintain  a  more  constant  rotor¬ 
wing  loading  ratio  in  order  to  reduce  the  problems 
with  rotor  speed  and  roll  control  in  autorotation, 
caused  by  high  wing  loadings.  Thus, 
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Be  ~  d4AygF  ■+■  64 +  f4iw 


For  a  single-rotor  helicopter,  the  linkage  ratios 
=  e4  =  0,  and  in  the  case  of  a  tandem  configura¬ 
tion,  d4  =  e4  and  f4  =  0,  Thus 

Bc  =d4(A0OF+A0OR) 

For  a  single-rotor  compound  helicopter,  e4  =  0,  there¬ 
fore  the  vertical  control  can  be  expressed  as 

Bq  -  d4A@oF  +  f 4 

(e)  Stability  Augmentation  Systems 

Stability  augmentation  systems  are  used  to  introduce 
corrective  control  inputs  automatically  into  the 
helicopter  control  system.  These  inputs  are  gener¬ 
ally  mixed  with  pilot  control  inputs.  The  total  con¬ 
trol  motion  can  be  written  as  a  superposition  of  in¬ 
puts  from  the  pilot  control  and  from  the  stability 
augmentation  system  as  follows: 

Longitudinal  Control 


B|  '  J|  Blc  +  B,s 
Lateral  Control 


A,  =J2A,c+A,s 
Directional  Control 


Sr  =  J3  Src  +  S,  s 


7.2-4 


Vertical  Control 


©  -  J  40c  +  @s 


In  the  above  expressions,  J|  to  J4  are  the  pilot 
authority  ratios  for  longitudinal,  lateral,  direc¬ 
tional,  and  vertical  controls,  respectively. 


7.2.1  The  Longitudinal  Control  (B|C)  Derivatives 
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7, 2. 1,7  Stability  Augmentation  System  (B|S)  Derivatives 

All  required  (B!s)  derivatives  for  stability  augmentation 
systems  are  identical  to  the  control  derivatives  (B|c) 
presented  above.  Thus, 


X 


8|  £ 


I 


S 


c 


N, 


c 


NOTE:  In  order  to  obtain  the  longitudinal  control 
derivative  (B](J  or(B|S)  for  a  single-rotor 
helicopter,  all  derivatives  with  respect  to 
e0.  B,b  ,  and  60  are  eliminated. 

c  ^  R 


7. 2. 1.8  Rate  Derivatives  ^Bic  and  B*s^ 

The  rate  derivatives,  Bic  and  B)s  ,  are  considered  to  be 
small  and  are  herein  neglected. 


7.2.2  The  Lateral  Control  tA|C)  Derivatives 


7. 2. 2.1  x*ic 
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7. 2. 2. 4  A,c 
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7,2,2, 7  Stability  Augmentation  System  ^is)  Derivatives 

All  required  (A|s  )  derivatives  for  stability  augmentation 
systems  are  identical  to  the  control  derivatives  (A)(;) 
presented  above.  Thus, 


NOTE:  In  order  to  obtain  the  lateral  control  derivatives 
(A|c)  or(A|s)  for  a  single-rotor  helicopter,  all 
derivatives  with  respect  to  A|R  are  eliminated. 


7, 2, 2. 8  Rate  Derivatives  and  ^is) 

The  rate  derivatives  (A),  and  A|s)  are  considered  to  be 
small  and  are  herein  neglected. 


7.2.3  The  Directional  Control  Derivatives 
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7. 2. 3. 2  YSrc 
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where 


7, 2. 3. 7  Stability  Augmentation  System  (8rs)  Derivatives 

All  required  (Srs)  derivatives  for  stability  augmentation 
systems  are  identical  to  the  control  derivatives  (Sr(.) 
presented  above.  Thus, 


NOTE:  In  order  to  obtain  the  directional  control 
derivatives  (Src)  or(Sfs)  for  a  tandem-rotor 
helicopter,  eliminate  all  derivatives  with 
respect  to  ( QoJP ).  In  the  case  of  a  single¬ 
rotor  helicopter,  eliminate  all  derivatives 
with  respect  to  (A,  )  . 

R 


7, 2. 3, 8  Rate  Derivatives  and 


The  rate  derivatives  8rc  and  8rs  are  considered  to 
be  small  and  are  herein  neglected. 


7.2.4  The  Vertical  Control  (^c^  Derivatives 
7. 2. 4.1  X3c 
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7. 2. 4. 7  Stability  Augmentation  System  ^Derivatives 


Al]  required  (@s)  derivatives  for  a  stability  augmentation 
system  are  identical  to  the  vertical  control  derivatives 
( Qc )  given  above.  Thus, 


zes  -  zec  Nes  =  Nec 

NOTE:  In  order  to  obtain  vertical  control  derivatives 
for  a  single-rotor  helicopter,  it  is  necessary 
to  eliminate  all  the  derivatives  with  respect 


7.2.4.S  The  Rate  Derivatives  and  ^s) 

The  rate  derivatives  (Qc)  and  (0S)  are  considered  tc  be 
small  and  are  herein  neglected. 
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7.3  LOCAL  DERIVATIVES 


The  local  stability  derivatives  contained  in  this  sec¬ 
tion  are  presented  as  partial  differentials  of  local 
forces  and  moments  of  aerodynamic  components  with  re¬ 
spect  to  local  wind  conditions.  These  derivatives  are 
expressed  in  a  suitable  nondimensional  form  and  are 
obtained  for  the  following  aircraft  components: 

(a)  Main  Rotor  (or  Rotors) 

(b)  Fuselage 

(c)  Wing 

(d)  Horizontal  and  Vertical  Tailplanes 

(e)  Tail  Rotor 

(f)  Propulsion  System 

7.3.1  Single  Rotor  (or  Front  Rotor  of  a  Tandem  Rotor 
Helic opter ) 

The  rotor  local  stability  derivatives  must  be  evaluated 
at  the  required  rotor  solidity  (cr) .  These  derivatives 
are  obtained  by  using  the  values  corresponding  to  rotor 
solidity  of  cr  =  0.1  and  by  applying  the  appropriate 
solidity  correction  factors  presented  in  Section  7.4. 

The  rotor  derivatives  for  cr  =  0.1  were  obtained  from  the 
theoretical  results  of  Reference  1  and  are  presented  in 
the  form  of  nondimensionalized  charts  in  Section  7.5 

Some  of  the  rotor  derivatives,  such  a  Y-force  and 
coning  angle  (a0),  for  which  the  numerical  data  were 
not  available,  were  determined  analytically  using  the 
classical  rotor  theory.  Wherever  possible,  these  der¬ 
ivatives  are  expressed  in  terms  of  rotor  parameters 
for  which  the  performance  data  of  Reference  1  could  be 
used. 


7.3.1 


ZO^UL_Jhe  Longitudinal  Speed  (uF)  derivatives 


Lt. 3 f  1  ■  2 — The  Angle  of  Attack  (of)  Derivatives 
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Ll-3.1.3  The  Side.  Slip  (£s)  Derivativpfi 
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7. 3. 1.4  The  Angular  Pitching  Velocity  (q)  Derivatives 


The  Angular  Yawing  Velocity  (r)  Derivative s 
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7. 3.1.9  Rotor  Collective  Pitch  Derivatives 
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7,3.2  Rear  Rotor  of  a  Tandem  Rotor  Configuration 

The  local  derivatives  for  the  rear  rotor  of  a  tandem 
rotor  helicopter  can  be  obtained  in  exactly  the  same 
manner  as  those  for  the  single  rotor  presented  in 
Subsection  7.3.1.  However,  to  avoid  duplication,  the 
majority  of  the  rear  rotor  derivatives  can  be  formulated 
by  changing  suffix  (F)  to  suffix  (R)  in  the  equations  of 
Subsection  7.3.1  with  the  exception  of  the  following: 
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The  required  local  fuselage  derivatives  are  obtained  by 
taking  slopes  of  the  appropriate  fuselage  data.  It  is 
recommended  that  actual  test  data  such  as  presented  in 
Section  5.3  for  various  fuselage  shapes  be  used  for  this 
purpose. 


.3.3.1  The  Forward  Speed  Wus^  Derivatives 
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7. 3. 3. 2  The  Angle  of  Attack  fus^  Derivatives 
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7,3 .3.3  The  Sideslip  Angle  ^ 
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^=%AXFU5iFUS(4^) 


a/s. 


a/3, 


NOTE :  The  remaining  fuselage  derivatives  can 
be  neglected 


7.3.4  Wing  Derivatives 


7. 3. 4.1  The  Forward  Speed  (uw)  Derivatives 
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7. 3. 4. 2  The  Angle  of  Attack  (qw)  Derivatives 
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The  remaining  wing  derivatives  may  be  neglected.  How¬ 
ever,  if  required,  the  additional  wing  derivatives  can 
be  obtained  from  Reference  2. 


7.3.5  Horizontal  Tail  Derivatives 


The  horizontal  taiiplane  derivatives  can  be  obtained 
in  exactly  the  same  way  as  for  the  wing  by  changing 
suffix  (W)  to  suffix  (T) . 
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7. 3. 7. 4  The  Tail  Rotor  Collective 


(&tr) 


Derivative s 


The  remaining  tail  rotor  derivatives,  if  any,  can  be 
neglected. 


7.3.8  Auxiliary  Propulsion  Derivatives 

7 . 3 . 8 . 1  Propeller  Derivatives 

The  required  propeller  derivatives  are  evaluated  by  ob¬ 
taining  appropriate  slopes  from  the  performance  data  pre¬ 
sented  in  References  1  through  14  of  Section  5.7.  or  from 
specific  test  data. 

7. 3. 8. 1.1  The  Longitudinal  Speed  Derivatives 


7.3. 8. 1.2  The  Angle  of  Attack  (ap)  Derivatives 
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7. 3.8. 1.3  The  Sideslip  (Ps)  Derivatives 
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7.3.8. 1.4  The  Angular  Pitching  Velocity  (q)  Derivatives 

dMpj  dMPj  C?Mp(  XPj 

dq  35T  Zp‘  daPi  v0 

7. 3. 8. 1.5  The  Angular  Rolling  Velocity  (p)  Derivatives 
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7. 3. 8. 1.6  The  Angular  Yawing  Velocity  (r)  Derivatives 
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The  remaining  propeller  derivatives  can  he  neglected. 

7. 3. 8. 2  Ducted  Propeller  Derivatives 

The  required  ducted  propeller  derivatives  are  evaluated 
in  a  iimilar  manner  to  the  propeller  derivatives  above 
by  using  appropriate  performance  data  cited  in  Section 
5.7.2. 
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7. 3. 8. 3  Jet  Engine  Derivatives 

7. 3 .8. 3.1  The  Longitudinal  Speed  (up)  Derivatives 

The  jet  engine  derivative  ( (3 1 / ^ u Pj )  can  be  obtained 
graphically  from  the  performance  data  presented  in 
Figure  1  of  Section  5.7.3. 
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7. 3. 8. 3. 2  The  Angle  of  Attack  (qp)  Derivatives 


The  jet  engine  derivative  ((3(N/Ai|)/(3a)pj  can  be  obtained 
graphically  from  the  performance  data  presented  in 
Figure  2  of  Section  5.7.3. 
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7.4 


CORRECTIONS  OF  ISOLATED  ROTOR  DERIVATIVES  FOR  VARIATION 
OF  ROTOR  SOLIDITY  ter) 


The  isolated  rotor  stability  derivatives  presented  as 
charts  in  Section  7.5  apply  only  for  a  rotor  solidity 
of  cr  -  O.l  .  In  order  to  evaluate  the  required  stability 
derivatives  for  rotors  having  solidity  crXO.I,  the 
following  solidity  corrections  must  be  applied: 

7.4.1  Solidity  Corrections  for  (ft)  Derivatives 


where 


A  cr  =  cr  -  0.1 


0.1 


(  )q.i  -  denotes  stability  derivatives  for  rotor 
solidity  c  =  0.1  .  These  values  can  be 
directly  obtained  from  the  charts  of 
Section  7.5. 
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7.5  ISOLATED  ROTOR  DERIVATIVES  FOR  ROTOR  SOLIDITY  a  -  0.1 


The  changes  of  rotor  aerodynamic  parameters  with  respect 
to  the  basic  variables ,  ,  ac  ,  and  ©75.  are  defined  here 

as  isolated  rotor  derivatives.  These  are  functions  of  the 
trim  values  ac,  /x  ,  9J5l  and  MT  ,  as  well  as  of  the  design 
variables  a  ,  ,  and  y  . 

The  isolated  rotor  derivatives  presented  in  this  section 
apply  to  rotor  solidity  of  cr  =  0.1,  blade  twist  of  =  0°, 
advancing  tip  Mach  number  of  0.8,  and  a  range  of  Lock 
inertia  number  varying  between  y  -  2.0  and  y  =  25.0. 

One  of  the  prime  parameters  affecting  these  derivatives 
is  rot;or  solidity  a  .  In  order  to  obtain  the  required 
values  of  the  derivatives  for  rotor  solidities  other 
than  a  =  0.1,  appropriate  solidity  corrections  must  be 
applied.  Such  corrections  may  be  obtained  by  using  the 
equations  presented  in  Section  7.4.  The  effect  of  blade 
twist  and  advancing  tip  Mach  number  may  be  obtained  from 
the  charts  presented  in  Reference  1.  The  Lock  inertia 
number  y  ,  although  generally  negligible  in  performance 
work,  primarily  affects  rotor  flapping  motion.  This 
effect  of  y  on  rotor  flapping  derivatives  can  be  easily 
accounted  for,  since  the  parameters  such  as  coning  angle 
a0  ,  lateral  flapping  angle  b,  ,  and  higher  harmonic 
flapping  terms  are  essentially  proportional  to  y  . 

The  isolated  rotor  derivatives  have  been  extracted  from 
the  theoretical  rotor  performance  data  presented  in 
Reference  2,  by  using  the  graphical  slope  method.  The 
data  of  Reference  2  include  the  effects  of  compressibility, 
stall,  and  reverse  flow.  The  assumptions  of  classical 
theory,  such  as  uniform  induced  velocity,  rigid  blades, 
no  radial  flow,  and  two-dimensional  steady  aerodynamic 
effects  are  retained.  These  derivatives  cover  the  range 
of  tip  speed  ratios  between  fi  -  0.3  and  fx.  -  1.0.  The 
derivatives  for  the  low  ^  values,^.  <0.2,  were  obtained 
from  Reference  3  and  were  converted  into  the  same  form 
used  for  the  derivatives  of  >  0.3.  The  results  of 
Reference  3  are  based  on  classical  Eailey  theory  with  all 
its  assumptions  and  limitations. 
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f.5.1  Isolated  Rotor  Derivatives  With  Respect  to  Rotor 
Tip  Speed  Ratio  (/■*•) 

dfe) 

7.5.1.1  for  o’  =  0.i ,  9{  =0°,  and  MT  =  0.8 


Figures  1(a)  through  l(i)  present  the  isolated  rotor 
derivative  diC^/a)/ dp  as  a  function  of  CL'/a  for 
constant  values  of  6,75  ,  covering  the  range  of  tip 
speed  ratios  from  p  =  0.\  through  p=\.0  .  The 

values  of  d{C|_ '/a)  dp  for  /i=0.l  and  0.2  (Figures  1(a) 
and  1(b))  were  obtained  from  P.eference  3  by  using  the 
following  equation: 

d(^)  d&)  . 

-  = -  cos  ac - - - sin  ac 

Op 

Values  of  the  d{C\J/a)dp  for  p  >0.3  were  extracted 
from  the  theoretical  rotor  performance  data  of 
Reference  2,  as  slopes  of  the  C ^/cr  versus  p  relation¬ 
ships  for  constant  values  of  #,75  and  ac  . 
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Figure  1.  Continued 
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(d)  fjL  =  0.4 
Figure  1.  Continued 
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Figure  1.  Continued 


Figure  1.  Continued 


Figure  1.  Continued 


Figure  1.  Continued 


Figure  1.  cone 


7. 5. 1.2 


for  cr  =  0.1 .  9  =0°,  and  MT=  0.8 


Figures  2(a)  through  2(e)  present  the  isolated  rotor 
derivative  d{CQ'/(T'i / 6/jl  as  a  function  of  C^'/cr  for 
constant  values  of  /jl  covering  the  collective  pitch 
range  (075)  between  -4°  and  +12°.  The  values  of  the 
above  derivatives  for  /±  >  0.3  were  extracted  from 
rotor  performance  data  of  Reference  2  by  graphically 
obtaining  the  slopes  of  the  C 0'/tr  versus  /x  relation¬ 
ships  for  constant  values  of  07S  and  ac  .  The 
derivatives  for  fi.  5  0.2  can  be  obtained  from  the  data 
of  Reference  3  by  using  the  following  expression: 
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Figure  2.  Continued 
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Figure  2.  Continued 
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Figure  2.  Concluded 


7. 5. 1.3 


ate) 


-T—  for  <r  --  0.1.  0,  =  0°,and  Mt=  0.8 
0  a 


Figures  3(a)  through  3(e)  present  the  isolated  rotox 
derivative  d{CQ/u)  /  CfL  as  a  function  of  Cl'/ <7  for 
constant  values  of  for  the  collective  pitch  range  from 
Q  75  -4°  to  (?75  =  12°.  The  values  of  the  derivatives 

for  fj.  >  0.3  were  extracted  from  the  rotor  performance 

data  of  Reference  1  by  graphically  obtaining  the  slopes 
of  the  Cq/ct  versus  relationships  for  constant  values  of 
8  75  and  ac  .  For  values  of  ^  <  0.2,  the  following 

expression  may  be  used: 


<3  Hr’) 


rs2£  +  _s!iLeJi_+  *r 

2  l  2  2  L 


2  [  c  d  1  55  <3 1 , 

»>  - 0 


(3/x  dp. 


J  +  ^.75  LS 


2  r 


58  q  V‘44 


•75L  dfi  dfx  J  ‘75^2  dp  dfi 
4^"  [$|  t52-h  2  X(S2t55-Q|t4|)  +(??5(S2t56-a  t42)  j  | 


where 


3 1 55  r  2 

=  2  fi  1. 3776  -0.000648  y 
~L  *  2 ll  1.250  +  0.000605  yZ 

Hit.  L 


-~i=2/i  2.835  +  0.000942  y2  +0.424/ 
3f/  L 


=  2/xjo.2587  +  0.00088  y2] +0.212/ 
=  2u.  [l.l95  +  0.000343  y2 

On.  L 


7.5-18 


dt  44 

dfx 

The  value  of  d\/dfi  can  be  obtained  from  Subsection  7.5.I.6. 
The  parameters  80 ,  8(  ,and  S2  are  given  on  page  82  of 
Reference  4.  The  parameters  t<?i  ,and  t42  can  be  obtained 
from  Table  8-4,  page  208  of  Reference  4,  and  the  param¬ 
eters  ts2  ,  1 55  ,  and  t£6  can  be  obtained  from  Table  8-5, 
page  209  of  Reference  4. 
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Figure  3.  Concluded 


7. 5. 1.4 


for  cr  =  O.l ,  6^0?  and  MTS  0.8 


(3oi 

dfi 


Figure  4  presents  the  rotor  isolated  derivative 
do\/du  as  a  function  of  CL'/cr  for  all  values  of  0  75 
and  ^x  =0.1  and  0.2.  These  derivatives  for  /x  >  0.3 

are  presented  in  Figures  5(a)  through  5(g)  as  functions 
of  CL/<r  for  constant  values  of  0  75. 

The  derivatives  <3a,/<3/x  for  the  values  of  /x  <  0.2  were 

obtained  directly  fro;n  Reference  3.  The  values  for 
fi  >  0.3  were  extracted  from  the  theoretical  rotor 

performance  data  of  Reference  2  by  obtaining  the  slopes 
of  the  d|  versus  /x  relationships  for  constant  values  of 
075  and  <3^  • 

The  data  of  Reference  3,  presented  herein  as  Figure  4, 
show  that  the  derivative  of  the  longitudinal  flapping 
angle  a,  with  respect  to  p  is  independent  of  0  75 
variation  and  is  only  a  function  of  /x  .  However,  for 
high  /x  values  (  /x  >  0.3)  the  results  of  Reference  2 
indicate  a  substantial  variation  of  the  (<3ai  /  <3/x ) 
derivative  with  8.75  as  well  as  /x  . 
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Figure  5.  Continued 
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Figure  5.  Continued 
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Figure  5.  Continued 
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Figure  5.  Continued. 
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Figure  5.  Concluded 


7.5. 1.5 


■4—^-  for  cr  =0.1,  9{  -  0^ ,  and  M,=  0.8 
dfj. 


Figures  6(a)  through  6(g)  present  the  Isolated  rotor 
derivative  (3b, /d/x  as  a  function  of  CL'/cr  for  constant 
values  of  @75  and  a  range  of  tip  speed  ratios  from 
=0.3  through  fi  =1.0.  The  values  of  the  above 
derivatives  were  extracted  from  the  theoretical  rotor 
performance  data  of  Reference  2  by  graphically  obtaining 
the  slopes  of  the  b|  versus  relationships  for  constcn 
values  of  075  and  ac  .  These  derivatives  are 
specifically  applicable  to  rotors  having  Lock  inertia 
number  y  -  8.0.  However,  since  the  lateral  flapping 
angle  b|  is  essentially  proportional  to  y,  a  correction 
factor  of  y  / 8.0  may  be  used  to  compute  db|/d^i 
derivatives  applicable  to  rotors  having  y  values  other 
than  8.0.  Thus: 


,db,  _  y 

d  fJi  y  8.0  dfL  y  ;•  0  0 


d  b, 

The  ^  derivatives  for  fi  < 
using  the  following  equation: 


0.2  can  be  computed  by 


y[x  (0.2091-  ^~)  + 
Ofi  L  3 


where  3 —  can  be  obtained  from  Subsection  7 ,5. 1.6  and 

where  values  of  t,7  can  be  obtained  from  Table  8-1, 
page  205  of  Reference  4. 


dX  ^  l 

—  (t,7)+ 0.75(0.1388  +  0.2425^1  )J 
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Figure  6.  Continued 
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Figure  6,  Continued 
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Figure  6.  Continued 


<r> 


KBflBBBB 

■laKSilBialllH 

■BKBKBBBniig 

■bkbkbbhBb 

BBBflHB 
BBBIBBB 

BflHBBB 
■BflBBKBlII 

BBBBBBBBBBB 

BBBBSBkbkbk 

BBBBB 


o|b  =L 


00 


CM 


CD 

d 

■I 


7.5-40 


Figure  6.  Continued 
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figure 


7. 5. 1.6  f°r  a  =  0. 1,  0(  =  0°  and  MT  =  0.8 

Figures  7(a)  through  7(i)  present  the  isolated  rotor 
derivative  d\/dp.  as  a  function  of  CL'/cr  for  constant 
values  of  6  75  for  a  range  of  p.  values  of  p.  =0.1 
through  p.  =  1.0.  The  values  of  d\/dp.  for  p.  =0.1 
and  0.2  were  obtained  directly  from  Reference  3.  The 
values  for  p.  >  0.3  were  extracted  from  the  theoretical 

rotor  performance  data  of  Reference  2  by  graphically 
obtaining  the  slopes  of  the  X  versus  p  relationships 
for  constant  values  of  0 75  and  ac  . 
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Figure  7.  Continued 
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Figure  7.  Continued 
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Figure  7.  Continued 
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Figure  7.  Continued 


Figure  7 .  Concluded 
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7. 5.i. 7  ■  •  for  All  Values  of  cr  ,  9,  ,  and  MT 

_ <±tL _ 

Reference  2  and  other  reviewed  reports  do  not  include  the 
calculated  data  required  to  determine  the  rotor  Y-force 
derivatives.  It  is  therefore  suggested  that  the 
classical  Bailey  theory  be  used  for  this  purpose. 

If  the  above  theory  is  used,  the  following  expression  for 
d  (C  Y  7<t)  /dfi  can  be  derived: 


+  A)  +  Qj 


where 


dop  /  f  1 

dfju  2  l  2  M  3  d  fi  -3 

and  where  dO| /dji  f  db\/dpf  and  are  given  in 

Subsections  7. 5. 1.4,  7. 5. 3. 5,  and  7. 5. 1.6,  respectively. 

The  above  derivative  is  applicable  to  all  values  of  cr  , 
0, ,  and  Mt ,  provided  that  the  pertinent  rotor 
parameters  comprising  it  are  evaluated  at  the  required 
condition. 
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•  -7  . 


Isolated  Rotor  Derivatives  With  Respect  to  Rotor 


Angle  of  Attack  (etc) 


7.5. 2.1 


a.cl\ 


forcr  =  0-l.  =  0,°  and  MT  =  0.8 


Figures  8(a)  through  8(d)  present  the  isolated  rotor 
derivative  d  {C^/a)/dac  as  a  function  of  CL’/cr  for 
constant  values  of  p  covering  a  range  of  collective 
pitch  settings  from  0.75  =  0  to  @75  =  12°. 

The  derivatives  for  p..  <  0.2  were  extracted  from  the 

data  of  Reference  3  by  using  the  following  expression: 


.>&>  ra&) 

dac  L  (3ac 


cos  ac 


r 

L  dac 


+ 


sin  ac 


The  values  of  d  (CT/cr) /dac  and  d  (CH/cr)/ dctc  obtained 
from  Reference  3  are  found  to  be  practically  independent 
of  8  75  and  C|_'/cr  variations. 

The  values  of  d(CL'/cr)/()ac  for  p  >  0.3  were 

extracted  from  the  theoretical  data  of  Reference  2  by 
graphically  obtaining  slopes  of  the  Cl '/<t  vs.  ac 
relationships  for  constant  values  of  p  and  8 7S  . 
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Figure  8.  Continued 


Figure  8.  Continued 


Figure  8.  Concluded 


7.5. 2. 2 


for  cr=0.1,  @|=0°,  and  MT  =  0.8 


dac 


Figures  9(a)  through  9(i)  present  the  isolated  rotor 
derivative  d  (C0  '/cr)/dacas  a  function  of  CL'/o-  for 
constant  values  of  d75  and  a  range  of  /x  from  fx.  =  0.1 
through  fj.  =1.0. 

The  values  of  d  [C$'/cr)/dctc  for  /x  =0.1  and  /x  =0.2 
were  obtained  from  Reference  3  by  using  the 
following  equation: 


dac 


Ch 

cr 


sin  ac 


where  d{Cj/<r)/dac  and  d  (CH  /cr)/dotc  were  obtained 
directly  from  Reference  3. 

The  values  of  d  (CDVcr)/dac  for  ft  >  0.3  were  extracted 

from  the  theoretical  rotor  performance  data  of  Reference 
2  by  graphically  obtaining  slopes  of  the  Co  '/cr  vs.  ac 
relationships  for  constant  values  of  /x  and  @75  . 
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Figure  9.  Continued 
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Figure  9.  Continued 
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Figure  9.  Continued 
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Figure  9.  Continued 
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Figure  9.  Continued 
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Figures  10(a)  through  10(g)  present  the  isolated 
derivative  d  (CQ/a)/  dac  as  a  function  of  CL'/ar  for 
constant  values  of  0  75  and  a  range  of  (i  values  from 
fi  =0.3  through  fi  =  1.0.  These  were  obtained  from 
performance  data  of  Reference  2  as  slopes  of  the  Cq/ct 
vs.  ac  relationships  for  constant  values  of  f±  and  0  75 

For  the  values  of  f±  <  0.2,  the  following  expression 
may  be  used: 

i]  +  [i£i] 

dac  L  Ofi  J  oac  L  «  J  dac 

where  d(C Q/<r)/dp>  and  dX/dac  are  obtained  from  Sub 
sections 7. 5. 1.3  and  7. 5. 2. 6,  respectively,  and 


Jt. 

da  c 


=  ~a  tan  ar. 


t52+  2 X  <5$+  ^2^5^875“ 0 


T 

*41  +  f  j 


Values  for  8(  ,  and  Sj>  are  givan  on  page  82  of  Refer¬ 
ence  4.  Values  for  the  parameters  t^i  ,  and  may  be 
obtained  from  Table  8-4,  page  208  of  Reference  4,  and 
values  for  t52  ,  tss  ,  and  t56  may  be  obtained  from 
Table  8-5,  page  209  of  Reference  4. 


(b) 

Figure  10. 


If)  CO  •  — 

d  d  °  o 

H  H  it  ii 

^  2  cd  b 

CD 

V 

o 

CJ 


7.5-72 


Figure  10,  Continued 
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Figure  10.  Concluded 


7. 5. 2. 4 


d  a  i 

dac 


o-  =  C.l,  0,  =0“  and  MT  =0.8 


Figures  11(a)  through  11(d)  present  the  isolated  rotor 
derivative  dci|/dac  as  a  function  of  CL'/cr  for  constant 
values  of  /a  and  a  range  of  9  75  values  from  9  75  =  0° 
through  @75  =  12°. 

The  values  of  da\/dac  for  ^a  =0.1  and  fi  =0.2  were 
obtained  directly  from  Reference  3 . 

The  values  of  (3a|/dac  for  fi  >  0.3  were  obtained  from 

the  theoretical  rotor  performance  data  of  Reference  2 
by  graphically  obtaining  slopes  of  the  d|  versus  ac 
relationships  for  constant  values  of  p  and  @75  . 
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Figure  11*  Variation  of  -3 —  With  — -  for  Constant  Values  of 
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7.5. 2.5 


for  cr'-O-U  9 1  =  C°,  and  My  =0.8 


<3  b| 

<3ac 


Figures  12(a)  through  12(d)  present  the  isolated  rotor 
derivative  3 b | /3 a c  as  a  function  of  CL7cr  for  constant 
values  of  and  a  range  of  6  75  values  from  6  75  =  0 
through  675  ~  12°.  These  derivatives  were  obtained  from 

the  theoretical  data  of  Reference  2  by  graphically 
obtaining  slopes  of  the  bt  versus  ac  relationships  for 
constant  values  cf  and  075  .  These  derivatives  are 
specifically  applicable  to  rotors  having  Lock  inertia 
number  y  =8.0.  However,  since  the  lateral  flapping 
angle  b|  is  essentially  proportional  to  y  ,  a  correction 
factor  of  y  f 8.0  may  be  used  to  compute  <3b,/dac 
derivatives  for  rotors  having  y  values  other  than  8.0. 
Thus : 


(itii  .jo  riti) 

dac  r  8.0  dac  y.,_0 

The  3b|/3ac  derivatives  for  <  0.2  can  be  computed  by 

using  the  following  expression: 


3b|  '22  l  2.  .  ,  ()X  ,  .  .  B3 

d«^  "  yi  “T®  'T'1  x  + a^T  1,7  +  T 


+ 


where  3 X / 3 /a  is  presented  in  Subsection  7.5. 1.6,  and 
where  values  of  t!7  can  be  obtained  from  Table  8-1,  page 
205  of  Reference  4. 
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7. 5. 2. 6 


for  cr  =0.1,  0,  =0°,  and  MT  =0.8 


d  X 

da  c 

The  derivative  dX/dac  is  plotted  in  Figure  13  as  a 
function  of  p.  and  is  applicable  for  all  values  of  0-75 
and  CL/cr  .  The  values  of  dX/dac  for  p.  =0.1  and 
p.  =0.2  were  obtained  directly  from  Reference  3  For 
p.  >  0.3,  the  values  were  extracted  graphically  from 

the  theoretical  rotor  performance  data  of  Reference  2. 
The  results  obtained  are  applicable  for  all  values  of 
®75  >  CL'/cr  ,  and  ac. 
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Figure  13.  Variation  of  With  p  for 
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7. 5. 2. 7 


for  All  Values  of  a,  0,,  and  MT 


<3c*  c 


Reference  2  and  other  reviewed  reports  do  not  include  the 
calculated  data  required  to  obtain  the  rotor  Y-force 
derivatives . 

It  is  therefore  suggested  that  the  classical  Bailey 
theory  be  utilized  for  this  purpose.  If  the  above  theory 
is  used,  the  following  expression  for  d  (C  y'/a)/daz  can  be 
derived: 


C  Y' 


dac 

dt), 

dac 

4- 

dac 

where 

1! 

O 

O 

xL 

dac 

2  L 

•7Vsin2af  +  -^- 
3  octc 


and  where  db|/(3ac,  and  a^/dci^  are  given  in 

Subsections  7. 5. 2. 4,  7. 5. 2-5,  and  7. 5. 2. 6,  respectively. 

The  expression  for  the  isolated  rotor  derivative 
d  (Cy'/cr)  /  dac  as  given  above  is  applicable  for  all 

values  of  <r,6 ,,  and  MT,  provided  that  the  pertinent  rotor 
parameters  comprising  the  derivative  are  evaluated  at  the 
required  conditions. 
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7.5.3  Isolated  Rotor  Derivatives  With  Respect  to  Rotor 
Collective  Fitch  at  75%  Rnfor  Radius  (dn) 


7. 5. 3.1 


d&) 

de 


for  cr  s  0.1 ,  @1=0°  and  Mr  =  0.8 


.75 


Figures  14  through  15(g)  present  the  isolated  rotor 
derivative  d  (CL  '/cr )/ <3  @75  as  functions  of  C L!/a  and 
ac  for  =0.1  through  1.0. 

The  derivatives  for  low  p.  values,  i.e.,  j±  <  0.2, 

were  obtained  by  using  the  following  equation: 


ai-%o 


ai^-i 

To —  cos  ac  " 

^  .75 


ae.75 


sin  ac 


where  d  (Cr/cr)/d  075  and  @  (Ch/ct‘)/@@. 75  were  obtained 
from  Reference  3.  Values  of  <3(CL'/cr)/  do75  for 
/.i  >  0.3  were  extracted  graphically  from  rotor 

performance  data  of  Reference  2  by  obtaining  slopes  of 
the  CL'/o-  vs.  6 75  relationships  for  constant  values 
of  jx  and  ac  . 

Figure  14  indicates  that  for  0.2  the 

derivatives  are  practically  independent  of  ac  and  Cu7<r 
variations,  whereas  these  for  >  0.3  presented  in 

Figures  15(a)  through  15(g)  are  functions  of  ac  and  Cl 7c\ 


7.5-89 


Figure  15.  Variation  of-—— With — —  f or  Constant  Values  of 
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Figure  15.  Continued 


Figure  15.  Continued 
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Figure  15.  Concluded 
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Figures  16(a)  through  lb(i)  present  the  isolated  rotor 
derivative  d(C o/o)/<3075  as  a  function  of  CL'/cr 

for  constant  values  of  ac  and  a  range  of  from 
ix  0.1  through  =  1.0. 


The  above  derivatives  for  yx  <  0.2  were  obtained  by  using 

the  following  equation: 


at-lN 

30T» 


d  d  75 


sin  ac  + 


30.7S 


cos  ac 


where  d  (Cr  /cr )  /  d  8.75  and  d  (Ch'/ct)/(3075  were  obtained 
from  Reference  3.  For  yu.  >  0.3,  d  (CD  ’/a)  / (3 0  75  was 

extracted  graphically  from  the  theoretical  rotor  perform¬ 
ance  data  of  Reference  2. 
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Figure  16.  Continued 
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Figure  16 
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Figure  16,  Continued 
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Figure  16.  Continued 
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7. 5. 3. 3 


for  cr=O.I,  #1  =  0°,  and  MT'0.8 


ai%) 

<38.75 


Figures  17(a)  through  17(g)  present  the  isolated  rotor 
derivative  d  (CQ/cr)/()(?75  as  a  function  of  CL'/cr  for 
constant  values  of  ac  and  a  range  of  tip  speed  ratios 
from  ju  =0.3  through  fj.  -  1.0.  The  values  of  the  abov 
derivatives  for  fj.  >  0.3  were  extracted  graphically 

from  the  theoretical  rotor  performance  data  of 
Reference  It. 


For  p.  <  0.2,  the  following  expression  was  used: 

4-  X  (S2^56~^  ^42^  2675(83  t58  “  a  144)  j 

Si  t52+  2X(82t55-  ot4|)  +  675(82 15$- a  t42)  j  | 


de75  '  2 


de 


where  OX/dd?*,  is  presented  in  Subsection  7. 5. 3. 6,  and 
where  8,  ,  and  82  are  given  on  page  82  of  Reference  4. 
Values  for  the  parameters  *41  ,  1 42  ,  and  144  can  be  ob¬ 
tained  from  Table  8-4,  page  208  of  Reference  4,  and 
♦52  ,  t53  ,  <55  ,  tse  ,  and  tje  can  be  obtained  from  Table 
8-5,  page  209  of  Reference  4. 
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Figure  17.  Continued 


BSaai 


sro 


o 

o 


in 

o 

tn 

O 

O 

o 

ail 

op 

m 

N 

CD 

o 

! 

'X) 

o 

d 

i 


o 

i 


r- 

d 


0) 


7.5-113 


Figure  17.  Continued 
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Figure  17.  Continued 


7. 5. 3. 4 


for  <7  =  0.1,  0,  =  0°,  gnd  MT=0.8 


doi 

^0.75 


Figure  18  presents  the  variation  of  the  Isolated  rotor 
derivative  dO|/d0  75  as  a  function  of  rotor  tip  speed 
ratio  fi  . 

For  values  of  fj.  <  0.2,  the  above  derivative  was 

obtained  by  using  the  following  expression: 


da  i 

de7s 


-  t 


ax 


14 


de 


+ 


.75 


where  d\/dd7i  is  presented  in  Subsection  7. 5. 3. 6  and 
where  tt4  ,  1 15  can  be  obtained  from  Table  8-1 1  page 

205  of  Reference  4. 

For  values  of  /x  >  0.3,  the  aoj/a075  derivative  was 

obtained  graphically  by  using  the  theoretical  data  of 
Reference  2. 

The  results  obtained  are  applicable  for  all  values  of 
d  7g ,  C  |_  /  tr  and  Qq  . 
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Figure  18. 
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7.5. 3.5 


for  <r  =  0.1  ,  0|=O°,  and  MT  =  0.8 


d  b  i 

dd7 


Figure  19  presents  the  variation  of  the  isolated  rotor 
derivative  dt>\  /d  9.7$  as  a  function  of  rotor  tip  speed 
ratio  fj.  . 

For  values  of  p.  <  0.2,  the  above  derivative  was 
obtained  by  using  the  following  expression: 


(3b) 

<30.75 


r 


r  <3*  i 


where  d\/3675  is  presented  in  Subsection  7. 5. 3. 6  and 
where  t,7  ,  f|8  can  be  obtained  from  Table  8-1,  page  205 
of  Reference  4. 

For  values  of  /j.  >  0.3,  the  values  of  <3b|/<3@75  were 

extracted  graphically  from  the  theoretical  data  of 
Reference  2. 

The  results  cbtained  are  applicable  for  all  values  of 
0.75  »  CL  '/<r ,  ac  ,  and  y  -  8.0 . 

As  explained  previously  for  y  values  other  than  8.0, 
the  (3bt/<30  75  derivatives  can  be  obtained  as  follows: 


<3b| 

W 


.75 


r 

8.0 


j^bj 

W 


.75 


y  -  8.0 


7.  5.3.6 


for  cr-0.1,  0,  =0°,  and  MT=0.8 


ax 

ae75 


Figure  20  presents  the  variation  of  the  isolated  rotor 
derivative  0X/00  75  as  a  function  of  rotor  tip  speed 
ratio  fj.  . 


For  values  of  jx  <  0.2,  the  above  derivative  was 

obtained  by  using  the  following  expression: 


a<%) 


ax  . 


where  a(CLVo-)/a075  is  presented  in  Subsection  7.5. 3.1 
and  where  t->,  ,  t-*?  can  be  obtained  from  Table  8-3,  page 
207  of  Reference  4. 

For  fL  >  0.3,  the  values  of  the  <3X/00,75  derivative 

were  extracted  graphically  from  the  theoretical  data  of 
Reference  2 . 


The  results  obtained  are  applicable  for  all  values  of 
0  75  ,  Cl  7 o' ,  and  g ^  . 
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H- 

Figure  20.  Variation  of  With  u 
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for  AM  Values  of  f?75  ,  , 

and  Qq  . 
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7. 5. 3. 7 


for  All  Values  of  a  *  0|  .  and  Mx 


d&) 

dff.7.5. 


Reference  2  and  other  reviewed  reports  do  not  include 
the  calculated  data  required  to  evaluate  the  rotor 
Y-force  derivatives.  It  is  therefore  suggested  that  the 
classical  Bailey  theory  be  utilized  for  this  purpose.  If 
the  above  theory  is  used,  the  following  expression  for  the 
isolated  rotor  derivative  d  (C  Y  '/<r)/d875  can  be  derived: 


ai4i> 

36.75 


(  d°o 

1  ae75 


1 

2 


X  ~  a  | )  + 


do  i 

- 1 

D 

O 

h 

1 

) 

1- 

c r 

_ 1 

<30.75 

L  6  ^  P  0  4  'J 

(3b, 

e75(~  +~m2)  +  x(|- 

-  5  3  8  4 

r  2  T 

36.75 

d\ 

,b'  +‘8')"  7^°a] 

3675 

+  8  ,+ 


4  ■ 


where 


dap 

<30.75 


X 

2 


3 


d\  1 
<30.75  J 


and  where  da,  /d075  ,  3b,  /  68  r5  ,  and  6\/6 8  75  are  given  in 
Subsections  7. 5.3.4,  7.5.3.‘5,  and  7.5. 3.6,  respectively. 

The  above  derivative  is  applicable  for  all  values  of  cr, 

Qi  ,  and  Mt,  provided  that  the  pertinent  rotor  parameters 
comprising  this  derivative  are  evaluated  at  the  required 
condition. 
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SECTION  8.  STABILITY  CHARACTERISTIC  EQUATIONS 


The  linearized  equations  ^  "  motion  given  in  Section 
6  can  be  represented  as  a  set  of  homogeneous _algebraic 
equations  containing  the  unknowns  U,  "v,  w1,  0,  <f),\f/,etc.  , 
and  the  operator  A  .  This  operator  is  defined  as  the  time 
rate  of  change  of  the  unknowns  ,  fa  us  A  E  d(  )  / d  t  and 
A2  =  d2  (  )  / di 2  5  etc. 

The  simultaneous  solution  for  the  unknowns  can  be 
obtained  by  employing  the  usual  determinant  methods  which 
yield 


-  f,  (A)  -  f  2  (A)  -  f  3(A)  f4(A) 

U  '  F(A)  ’  V  "  F(A)'  ’  ""  F  (A)  ’  6  "  F(A) 

The  numerator  determinants  f|(A)  ,  fz(A)  ,  ...  f4(A)  ...  are 
formed  by  replacing  the  coefficients  of  the  appropriate 
unknown  variables  by  the  column  of  constants  which  pertain 
to  the  control  inputs.  The  denominator  determinant  F  (A) 
consists  of  the  coefficients  of  the  homogeneous  algebraic 
equations  with  control  inputs  fixed  at  zero.  The  deter¬ 
minant  F(A)  is  known  as  the  stability  determinant.  Expansion 
of  the  determinant  F(A]  leads  to  the  stability  characteristic 
equation.  The  property  of  this  type  of  equation  is  that 
there  can  be  nonzero  values  of  the  unknowns  (u,  v,  vSr)  if, 
and  only  if.  the  determinant  F  (A)  =  0.  Setting  the 
determinant  equal  to  zero  provides  the  condition  for  finding 
the  roots  of  the  characteristic  equation  At  ,AZ  . . An  . 

In  order  to  obtain  the  actual  response  solution  of 
the  unknown  variables  (u,  7,  w0  due  to  a  given  forcing  function 
or  control  input,  the  Heaviside  expansion  theorem  can  be 
used.  The  Heaviside  expansion  method  is  developed  in 
Reference  1,  pages  436  to  438,  and  will  not  be  duplicated  in 
this  section;  however,  the  final  response  equations  are 
given  below. 

If  it  is  assumed  that  the  stability  characteristic 

equation  F(A)  =  0  yields  n  real  roots,  A|  ,  Az  . An, and  m 

pairs  of  complex  roots ,  Am-Qmibmi  ,  the  time  history  response 
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of  any  variable  (e.g. ,  variable  6  )  can  be  expressed  as 
follows : 


f  4(A) 
F  (A) 


f 4 (0 )  sr  MA)  At  ,  V  *  Qm*  .  ,L  .  , 

Fiffl  +.1',  Fill  '  +  A  Ac  ^nlbm.+  <*») 


A- A, 


where  the  constants  A  and  can  be  obtained  by  using 
appropriate  boundary  conditions. 

In  the  case  that  one  of  the  real  roots  of  the 
characteristic  equation  is  zero  (  i.e.,  A|=  0),  the  response 

equation  becomes 


o  _MA) 
9  "  F  (A) 


f  4(0) 
F*  10) 


An  ,  /  a  \  a  Am 

*+  I  -$777  •  +  I  aMmm+S) 

a,a2  A=A, 
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8.1  COUPLED  LONGITUDINAL  AND  LATERAL  MODES,  INCLUDING 
STABILITY  AUGMENTATION  SYSTEM 


In  this  section,  the  generalized  case  of  aircraft 
perturbation  motion  consisting  of  6  degrees  of  freedom 
of  aircraft  motion  and  3  degrees  of  freedom  of  the 
motion  of  the  stability  augmentation  system  is 
considered.  The  analysis  presented  herein  is  suitable 
for  either  analog  or  digital  computer  work. 

The  linearized  equations  of  motion  presented  in 
Section  6  can  be  expressed  as  follows: 

(a)  The  X-Force  Equation 


aM  u  +  a,2  v  +  ci|3w+a,4  0  +  a,5  <£ 

+  a,6  ^  +  a,7I,s  +  ol8  A,s +al9Srs  =  K , 

(b)  The  Y~Force  Equation 

a 21  u  +  a22  v  +  a23  vr  +  a24  Q  +  a25 

+  a26^  +  a27B|s+a28Als  +a29Srs  =  K2 


(c)  The  Z- Force  Equation 


a  3i  u+a32v  +  a33w  +  a340  +  a35<£ 


+  a36v|/ +  a37B|s +a38A|s +a39Srs  =K3 
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(d)  The  Rolling  Mament(^)  Equat 


a4!u+  a42v  +  a43w  +  a^d  +  045^ 


+  046^  +  a47B,s  +  Q48A|s  +  a49Srs  =K4 


(e)  The  Pitching  Mament(  M )  Equation 

a5lu+a52v  +  a53vr  +  a545+a55^ 

+  056^  +  a57B,e  +a58  A,s  +  a598rs=K5 

( f )  The  Yawing  Moment (  N )  Equation 

a6i  u  +  a62V  +  063W"  +  aeAd  +  055 <P 

+  a66^  +  a67^ts  +  a68 ^ I s  +  a69^rs  :^6 

( g)  Stability  Augmentation  System  Equations 
(i)  Longitudinal  Control  ( Bi3)  Equation 


a7i  u  +  a72v  +  a73w  +  a740  +  a75  <fi 


+  a76^  +  a77B)s  +  c78 A,s  +  a79Srs  -K 7 
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(ii)  Lateral  Control  (A,s)  Equation 


aBt  u+a82v  +  a83w  +  a840  +  a85</> 


+  Osety  +  a87B)s  +  age  A,s  +  aB9Srs  =K8 


( iii)  Directional  Control  ( Srs>  Equation 


a9,  u  +  a92v  +  Qgjvv  +  a940  +  a95  cf> 


+  a96v//  +  o97  +  a98  +  a99Srs  =K9 


The  coefficients  a  ^  n  and  the  control  parameters  Kn 
are  given  in  Table  I. 

The  numerator  determinant  f^A)  required  to  determine 
the  response  of  variable  (0)  is  given  by 

0 !  I  °I2  °I3  K| 

°2I  °22  °23  ^2  • 

f  4  (A)  =  . 


°9!  °92  °93  ^9 


The  numerator  determinants  f ,  ( A) ,  f  2  (A)  ,  f 3  (A)  ,  etc., 

required  for  response  calculations  of  the  perturbation 
variables  Ii ,  v ,  etc.,  are  obtained  by  replacing  the 
coefficients  of  columns  2  and  3  by  the  set  of 
control  coefficients  K,,K2, .  Ke>  respectively. 


TABLE  I 

CIENT$  of  THE  DETERMINANT  for  awcraft  response  analysis 


+  h6A 


The  stability  determinant  F(A)  is  given  by: 


F  (A)  = 


°n  0 12  °I3 


°2I  °22  °23 


'91  u92  u93 


u  19 
°29 

°99 


Expanding  the  stability  determinant  F (A)  =  0  yields 
the  generalized  characteristic  equation  as  follows: 


,n  n-i  4  n-2 

A  A  +B  A  +C  A  +  •  •  •  +  E  =  0 


where  n  is  an  integer  denoting  the  highest  order  of  the 
stability  characteristic  equation  and  A,  B,  C,  .....  E 
are  coefficients  of  the  characteristic  equation  in  terms 
of  tcjal  stability  derivatives. 
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8 . 2  UNCOUPLED  LONGITUDINAL  MODE  (Three  Degrees  of  Freedom] 


Considering  decoupled  longitudinal  motion  as  affected 
by  changes  in  the  stability  variables  u,w*,  and  8, 
the  corresponding  stability  determinant  F  (A)  is 
obtained  by  deleting  the  remaining  stability  variables 


v>  4>  >  , 

etc. , 

in 

the 

°I3 

a  14 

F  (A)  = 

a31 

a33 

°34 

°5t 

°53 

°54 

=  0 


Expanding  the  stability  determinant  F(,i)  yields 


F  (A)  =  o,|  (033054  "  o53  o34)  o,3(o3,  o54-  o5j  o34) 

+  a14(°3l  aS3~°5l  a33> 

Substituting  the  values  for  the  coefficients  from 
Table  I  of  Section  8.1  yields 

F  (A)  =  (Xu  +  X0  A)[(Zwr+Zw-A)(M0A+M@  A2 ) 

-(Mv  +  M.^A)(Za  +  ZeA  +  20  A2)] 
-(Xw-+X^rA)[zu(Mg  A  +  Mg  A2)-Mu(Ze4ZeA  +  Z^A2)] 
+(Xg  +  Xg  A+Xg  A2 )  [z^M^+M^Al-MyU^+Z^A)] 
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Thus : 


F(A)  =  A  A*  +  BA3  +C  A2  l-DA+F.  =0 


where 


A  =  G, 


B-=G1Xu+G2Xo  +  G3X*.+  G4Xe 


C  =  G2Xu  +  G3Xw.+G4X0  +  GsXu+G6XNjr+G7  Xgf 
D  =  G4X0+G5XU+G6XW-+G7X0+G8Z0 


E  =  G7X0-f  GgZg 


and 


G,  =  Z^M0-M*Z0 

G2=  Zw.M0  +  Zq 

G3  =  Z0Mu  -  Z u  M gf 

G4  -Zu  Mu  Z 


Gj  =  Z^-Mg  - M^-Z q  ZqM^- 


^6  =  Mu Z  Q  ZUM$ 


G7  =  Z  yf 


G g  =  Mu  X^-  Mw-Xy 


G  9  =  X^My  -  Xy  M  w 


In  order  to  determine  the  aircraft  response,  say,  in 
pitch  [6  -  f4(A)/ F  (A)  ]  due  to  a  step  input  of  the 
longitudinal  control  (B,c),  it  is  necessary  to  evaluate 
the  numerator  determinant  f4(A)  .  The  determinant 
f4(A)  is  formed  by  replacing  the  coefficients  of  (0) 
(namely,  a,4  ,  a34,  and  a54  )  of  the  stability  deter¬ 

minant  F IA)  given  above  by  the  control  input  functions 
K|  ,  K 3  ,  and  K5 . 

The  function  f4(A)  can  be  obtained  as  follows: 


UA) 


a, |  al3  K, 


a3l  °33  K3 


a5i  a53  K« 


5  0||lK5a33~K3  a53)-a|3(K5a3|  K3  a5,)  +  K,  (03,  a53 -05,033 ) 


* 
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Since, in  this  case, the  uncoupled  longitudinal  motion 
of  3  degrees  of  freedom  with  no  stability  augmentation 
system  is  considered,  the  stability  authority  ratios 

J|  ,  J2  ,  J3  . .  etc.,  are  taken  as  unity,  and  all 

control  inputs  other  than  (B|c)  are  taken  ?.s  zero. 

Thus,  when  the  values  for  the  coefficients  a(3  , 

a  is  . .  etc.,  and  the  appropriate  control  inputs 

K,  ,  K3,and  K5  from  Table  I  of  Section  8.1  are 
substituted,  the  function  f4(A)  becomes 


f4(A)  =  (Xu  +  Xy  A)  [ -MB  B,  (Zfl.+  ZjrAJ+Ze  B,  (M^+M^A)] 

L  C  C  J 

-(V+Xw-A)[-MelcB7c(Zu)+Z9|cB7c(Mu)] 

-  X„  b7c  [zu(M»-  +  Mi-  A)  -  Mu  (Z»r+  Z  *-A>] 


Thus : 


f4(A)  =B,c(AA2  +  BA  +  C) 


where 


A  =  Xy(ZB  M^-  M0  Z^-) 
c  c 

&  z  XLitZg^M^-Mg^Z^+X^Zg^My^-Mg^Zyif) 

+  X^-(Mp  Zu-Zg  My)  +  Xg  (My  Zyy-~Zy  Myy) 

'c  'C  'C 

C  =  XytZg^  M^-Mg^  Zyy)  +  X^Mg^  Z  y  “Zg^  My  ) 

+  Xp  (My  Zyy-“  Myy-Zy  ) 

'c 
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When  the  longitudinal  stability  variables  u,  v,  and  8 
and  longitudinal  equations  of  motion  X,  Z,  M  are  deleted, 
the  stability  determinant  for  the  3  lateral  degrees  of 
freedom  becomes 


F(A)  * 


°22 

0  25 

°26 

°42 

°45 

'^46 

062 

065 

066 

Expanding  the  above  determinant  yields 


F  (A)  =  °22^°45°6S  °65°46^  “  a25^':l42a66  a62°46^ 

+  025(042  065  “  °62  c45^ 

Substituting  the  values  for  the  coefficients  Omn  from 
Table  I  of  Section  8.1  yields 

F  (A)  =  (Yu+YuA)[(L^A+L^A2)(N^  A  +  N^’A2) 
-(N^)A+N^A2)(Lvj/A+L^A2)] 
-(Y^+Y^A)[Lv(Ny/A+N^A2)-Nv(L^  +  L^A2)] 

-(y^+y^A)[lv(n^a+n^;a2)-nv(l^a  +  l^a2)] 
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Thus : 


f(A)  =  a[aa4+ba3+ca2+da+e]  =0 

where 

A  =  H|  Yy 
B=H,Yv+H2Yv 

C  =H2Yv  +  H3Y;  +  H4Y^  +  H5Y^ 

D  -H3Yv+H4Y^  +  H8Y^+H#Y^+H7Y^ 

E  -HfY^  +  H7Y^ 
and 

H,  SL£N^-N£i,^ 

H2  =  L^N^+L$N$-N^L$-N$L^ 
H3=  L^N^-N^L^ 

h4=  nvl^;  -lv  n^; 
h5=  lvn$-nvL£ 

H  J  =  NyL^  —  LyN^ 

H  7  !  LyN^j-  NyL^, 
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8.4  CRITERIA  FOR  STABILITY 


The  requirement  for  positive  stability  is  that  there  be 
no  positive  real  root  or  positive  real  part  of  the 
complex  roots  of  the  characteristic  equation. 

If  there  are  to  be  no  unstable  modes,  certain  conditions 
pertaining  to  the  coefficients  of  the  characteristic 
equation  must  be  met.  These  conditions  can  be  expressed 
in  terns  of  Routh  stability  criteria  which  involve  sign 
tests  of  the  coefficients  of  the  characteristic  equation 
and  the  magnitude  and  sign  of  the  Routh  discriminant  R*  . 
More  detailed  information  on  the  subject  can  be 
obtained  from  Reference  1. 

The  sections  below  present  a  summary  of  the  Routh 
stability  criteria  for  various  types  of  the  character¬ 
istic  equations  commonly  encountered  in  stability  work. 

8.4,1  Routh  Criteria  for  a  Cubic 


Let  the  cubic  equation  be 


AA3+BA2+CA  +  D  =0 


(A  >  0) 


The  necessary  and  sufficient  conditions  for  stability  are 

(a)  The  coefficients  A,  B,  C,  D  > 0 

(b)  R*  =  BC-AD  >  0 

8.4.2  Routh  Criteria  for  a  Quartic 
Let  the  quartic  equation  be 

AA4  +  BA3  +CA2  +DA  +  E  =  0 
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Let  the  quintic  equation  be 


AA5  +BA4  +  CA3  +DA2  +  EA  +  F  =  0 


The  necessary  and  sufficient  conditions  for  stability 
are 

(a)  The  coefficients  A,  B,  C,  D,  E,  F  >  0 

(b)  BC-AD  >0  22 

(c)  R*  =  D(BC-AD)  (BE-AF) -B(BF-AF) -F(BC-AD)  >0 
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8.5  SOLUTION  OF  THE  CHARACTERISTIC  EQUATION 


There  are  many  methods  in  the  literature  for  obtaining 
the  roots  of  the  characteristic  equation.  The  method 
used  will  depend  on  the  order  of  the  characteristic 
equation  and  particularly  on  whether  the  roots  are  to 
be  extracted  by  hand  or  by  machine. 

Reference  1,  pages  2,1.1-167  to  2.1.1-190,  gives  a  fairly 
detailed  review  of  the  most  commonly  used  methods  for 
extracting  roots  of  the  characterisitc  equation  ranging 
from  3rd  to  6th  order  equations. 

Since  quartic  equations  occur  most  frequently  in  air¬ 
craft  stability  work,  a  method  is  herein  given  for 
solution  of  stability  quartics.  The  method  is  known 
as  an  "Analytical  Solution  of  Quartics”  and  is  based 
on  the  Ferrari  reducing  cubic  method.  Some  of  the 
advantages  of  this  analytical  method  are  that  it  is 
independent  of  the  relative  magnitude  of  the  coefficients, 
does  not  require  initial  knowledge  of  the  order  of 
magnitudes  of  the  roots,  and  is  particularly  useful  if 
no  real  roots  exist.  This  method  is  equally  as  well 
applicable  for  hand  calculation  as  it  is  for  machine 
computation. 

The  calculation  procedure  of  this  method  is  as  follows: 

(a)  Determine  the  coefficients  B,  C,  D  and  E  of  a 
given  quartic  as  follows: 


A4  +  BA3+CA2  +DA  +  E  =0 


(b)  Calculate 


S*=  BD +CZ-4E 


8.5-1 


(iii)  If  A  <  0,  then  calculate 


cos  <2> 


and  obtain 


n, 


/hT  .*.1 

-TC0S  (T}J 


it 


-  ~  cos  (-—  +  120°) 


/  h7"  (I> 

n3  =2[  yZ-^-cost—  +240°) 


(f)  Select  the  algebraically  smallest  value  of  (IIn) 
using  step  (i),  (ii),  or  (iii),  whichever  applies, 
and  compute 


^  =  nn  +  f-< 


B I 

4 


(g)  Calculate 


£  ■  B-1, 
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8.6  ROOTS  OF  THE  CHARACTERISTIC  EQUATION 

The  roots  of  the  characteristic  equation  can  be 

(a)  Real 

(b)  Complex 

(c)  Combination  of  real  and  complex 

The  real  roots  correspond  to  a  periodic  motion, 
converging  in  amplitude  as  time  passes  if  negative, 
and  diverging  in  amplitude  if  positive. 

The  complex  roots  {Am=  amxbmi)  always  occur  in  pairs, 
and  each  pair  corresponds  to  an  oscillatory  mode 


am* 

Ae  sin(bmt+4>) 


where  A  is  the  amplitude  cf  the  oscillation  and  is  the 
phase  angle. 

The  real  part  am  of  the  complex  pair  of  roots 
determines  the  converging  or  diverging  behavior  of  the 
mode. 


If  am>0  ,  the  amplitude  of  the  mode  will  increase  with 
time  (t)  ,  resulting  in  unstable,  divergent 
oscillation. 

If  am  =  0  ,  the  amplitude  remains  unchanged  (neutral 
stability) . 

If  am  <0  ,  the  amplitude  will  decrease  with  time  ( t ) , 

resulting  in  a  stable  or  damped  oscillation. 

The  complex  part  bm  describes  the  frequency  of  the 

mode,  in  radians/second. 


If  the  real  root  or  real  part  of  the  complex  root  is 
negative,  the  time  constant  r  of  the  mode  is  defined 
as 
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— r  for  real  A 
-A 


complex 


A 


The  time  constant  r  corresponds  to  the  time  required 
for  the  motion  to  reach  36.87.  of  its  original  value. 

If  the  real  root,  or  real  part  of  the  complex  root,  is 
positive,  it  is  more  convenient  to  express  the 
characteristics  of  the  mode  in  terms  of  the  time 
required  to  double  its  initial  amplitude  r2/|  where 


r2/r 


0.693 

+A 


for  real 


A 


0.693 

am 


for  complex 


A 


The  converging  characteristics  of  stable  modes  is  some¬ 
times  also  expressed  in  terms  of  the  time  required  to 
reduce  to  half  its  initial  amplitude  t(/2  where 


0.693  a 

- —  for  real  A 

-  A 

0.693  _ 

~ -  for  complex 


A 


The  period  P  of  an  oscillatory  mode  is  given  by 


seconds 


SECTION  9.  EFFECT  OF  DESIGN  PARAMETERS  ON  DYNAMIC  STABILITY 
CHARAC TErTSTYC S  OF  COMPOUND  HELICOPTERS 

In  this  section  the  effects  of  varying  a  number  of  design 
parameters  on  the  dynamic  stability  characteristics  of  a 
typical  single  rotor  compound  helicopter  are  examined.  The 
example  compound  helicopter  shown  in  Figure  I  has  a  gross  weight 
of  9,000  pounds,  a  two-bladed  teetering  type  rotor  with  no 
stability  augmentation  system.  The  design  parameters  of  this 
sample  compound  helicopter  are  those  used  in  the  sample 
calculation  in  Section  10. I.  For  convenience,  the  reference  or 
normal  values  of  some  of  the  pertinent  parameters  for  this 
compound  helicopter  are  listed  below: 

V0  =  ICO  knots 

C.G.  s  0  in  (neutral) 

\lf  =  33.9  rad/sec 

i  TPi  =  1200  lb 
i=i 

Sw  =  78.4  ft2 
ST  =  40  ft2 
SVT  =  22.4  ft2 

Each  particular  design  parameter  is  varied  independently,  with 
all  remaining  parameters  held  constant.  The  results  of  each 
parametric  variation  are  presented  in  a  group  of  three  plots. 

The  first  plot  presents  the  period  and  damping  defined  as 
I /  T i/2  and  1  /  T 2  versus  specific  parameters.  This  format 
is  chosen  so  that  the  neutral  dynamic  stability  corresponds  to 
I/T1/2  or  I  /  T 2  equal  to  zero.  The  remaining  figures  are 
conventional  root  locus  plots  of  the  aircraft  longitudinal  and 
lateral  modes  respectively. 

Although  the  quantitative  results  apply  strictly  to  the  sample 
helicopter,  the  qualitative  conclusions  are  considered  to  be 
valid  for  most  current  single  rotor  compound  helicopters.  As 
such,  the  results  may  be  used  for  preliminary  design  purposes 
of  compound  helicopters. 
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Compound  Helicopte 


(a)  Effect  of  Gross  Weight 


Figures  2,  3,  and  4  show  the  effect  of  gross  weight  on  the 
longitudinal  and  lateral  dynamic  stability  characteristics  of 
the  sample  compound  helicopter.  The  longitudinal  stability 
modes  are  characterized  by  a  practically  neutral  long-period 
oscillation  and  a  stable  short  period.  The  lateral  mode 
consists  of  two  aperiodic  modes  and  a  stable,  moderately  damped 
high-frequency  oscillation. 

The  effect  of  gross  weight  on  the  aircraft  longitudinal  dynamic 
stability  is  to  reduce  the  period  or  increase  the  frequency 
of  the  long  periodic  mode  with  no  change  of  damping  to  increase 
the  period  with  reduction  in  damping  of  the  short  periodic 
mode.  The  moderately  damped,  lateral  aperiodic  mode  becomes 
more  heavily  damped  with  increasing  weight.  Although  the 
remaining  lateral  modes  show  a  slight  tendency  to  destabilize, 
these  effects  are  negligible.  Thus  it  appears  that  an  increase 
in  gross  weight  does  not  appreciably  affect  the  dynamic 
stability  of  the  sample  compound  helicopter.  The  maximum  gross 
weight  will  be  limited  only  by  the  longitudinal  control  power 
available  for  trim. 

(b)  Effect  of  Center-of-Gravity  Location 

Figures  5,  6,  and  7  illustrate  the  effect  of  fore-and-aft 
variation  of  the  center-of-gravity  (C.G.)  locations  on  the 
longitudinal  and  lateral  dynamic  stability  modes  of  the  sample 
compound  helicopter.  The  results  show  that  moving  the  C.G.  aft 
results  in  large  destabilizing  effects  of  both  longitudinal 
and  lateral  modes  whereas  a  forward  shift  in  C.G.  position  has 
little  effect  on  the  dynamic  stability  characteristics. 

For  center-of-gravity  locations  ahead  of  the  mid  C.G.  position, 
the  longitudinal  modes  are  characterized  by  a  long  neutrally 
stable  oscillation  and  a  short  moderately  damped  oscillation. 
Similarly,  the  lateral  modes  consist  of  two  stable  aperiodic 
modes  and  a  stable,  moderately  damped  high-frequency  oscilla¬ 
tion.  Over  the  8-inch  range  of  forward  C.G.  shift,  no  signifi¬ 
cant  changes  are  noted  in  either  the  longitudinal  or  the 
lateral  stability  modes.  As  the  C.G.  is  shifted  rearwards  from 
the  mid  C.G.  position,  the  neutrally  stable  long-period 
oscillation  increases  in  frequency  and  becomes  an  unstable  or 
divergent  oscillation.  The  moderately  damped,  stable  longitu¬ 
dinal  oscillatory  mode  rapidly  decreases  in  frequency  and  splits 
into  a  pair  of  stable  aperiodic  modes  or  subsidences.  In  the 
lateral  mode,  the  moderately  damped  high-frequency  oscillation 
reduces  in  frequency  and  becomes  less  stable  as  the  C.G.  is 
moved  aft.  However,  both  of  the  lateral  aperiodic  modes  become 
more  stable  with  the  rearward  C.G.  shift. 
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Figure  3.  Effect  of  Gross  Weight  on  Longitudinal 
Characteristic  Roots. 
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C.  G.  STATION  -  INCHES 

Figure  5.  Effect  of  Center  of  Gravity  on  Longitud¬ 
inal  Dynamic  Stability  Characteristics. 


Figure  6.  Effect  of  Center  of  Gravity  on  Longitud: 
Characteristic  Roots. 
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Figure  7.  Effect  of  Center  of  Gravity  on  Lateral 
Characteristic  Roots. 
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Thus,  the  net  effect  of  a  rearward  shift  of  the  center  of 
gravity  is  to  reduce  both  the  longitudinal  and  the  lateral 
dynamic  stability  of  the  aircraft.  Since  this  shift  in  center 
of  gravity  also  reduces  the  amount  of  control  power  available 
for  longitudinal  trim,  the  aft  limit  of  the  center-of -gravity 
range  is  an  important  parameter  to  be  established  in  the  pre¬ 
liminary  design  phase  of  a  compound  helicopter. 

(c)  Effect  of  Forward  Speed 

The  effects  of  forward  speed  on  the  longitudinal  and  lateral 
dynamic  stability  characteristics  of  the  sample  compound 
helicopter  are  shown  in  Figures  8,  9,  and  10.  For  speeds  up 
to  150  knots,  the  compound  helicopter  is  flown  in  the  heli¬ 
copter  mode;  i.e.,  only  conventional  helicopter  controls  are 
used  for  trim.  Beyond  11 0  knots,  the  compound  is  flown  in  the 
aircraft  mode;  i.e.,  conventional  airplane  controls  are  used  in 
conjunction  with  the  helicopter  controls  to  increase  the  avail¬ 
able  control  power. 

As  can  be  noted  from  Figures  8  and  9,  the  longitudinal  modes 
consist  of  a  neutrally  stable  long-period  oscillation  and  a 
moderately  damped  short-period  oscillation.  As  speed  is 
increased,  both  of  these  modes  become  mote  stable. 

For  forward  speed  up  to  200  knots^the  lateral  modes  consist  of 
two  stable  aperiodic  modes  and  a  stable  short-period  oscilla¬ 
tion.  Beyond  the  200-knot  speed,  the  short-period  oscillation 
decreases  in  frequency  and  eventually  splits  into  two  aperiodic 
modes,  one  of  which  becomes  heavily  damped  and  stable  whereas 
the  other  becomes  unstable.  Thus,  the  principal  effect  of 
forward  speed  especially  in  the  very  high-speed  range  is  to 
reduce  the  lateral  dynamic  stability  of  the  compound  helicopter. 

( d )  Effect  of  Rotor  Rotational  Speed 

The  effect  of  varying  the  rotational  speed  of  the  main  rotor  on 
the  longitudinal  and  lateral  dynamic  stability  characteristics 
of  the  sample  compound  helicopter  is  shown  in  Figures  11,  12, 
and  13.  These  figures  show  that  an  increase  in  rotational  speed 
results  in  an  improvement  of  both  longitudinal  and  lateral 
dynamic  stability  characteristics  of  the  compound  helicopter. 

An  increase  in  rotational  speed  is  particularly  beneficial 
in  elimi  ating  the  unstable  oscillatory  mode  at  low  rotational 
speed  as  shown  in  Figures  11  and  12.  The  low  speed  boundary  for 
the  rotor,  although  general-!  /  established  on  the  basis  of 
performance  requirement s, shou  d  be  checked  for  adequate  dynamic 
stability . 
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Figure  8.  Effect  of  Forward  Speed  on  Longitudinal 
Dynamic  Stability  Characteristics. 
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Figure  9.  Effect  of  Forward  Speed  on  Longitudinal 
Characteristic  Roots. 
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Figure  10.  Effect  of  Forward  Speed  on  Lateral  Charac¬ 
teristic  Roots. 
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Figure  11.  Effect  of  Rotor  Rotational  Speed  on  Longitud¬ 
inal  Dynamic  Stability  Characteristics. 
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Figure  12.  Effect  of  Rotcr  Rotational  Speed  on 
Longitudinal  Characteristic  Roots. 
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Figure  13.  Effect  of  Rotor  Rotational  Speed  on  Lateral 
Characteristic  Roots. 
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( e )  Effect  of  Lift  Distribution  Be tween  Rotor  and  Wing 

The  effect  of  unloading  the  rotor  on  the  longitudinal  and 
lateral  dynamic  stability  characteristics  is  shown  in  Figures 
14,  15,  and  16.  The  primary  effect  of  loading  the  wing  is 
to  decrease  the  periods  of  the  two  oscillatory  modes  and 
slightly  increase  the  period  of  the  lateral  oscillatory  mode. 
Increasing  the  wing  to  rotor  lift  ratio  seems  to  have  very 
little  effect  on  the  damping  of  both  the  longitudinal  and 
lateral  modes,  all  of  which  are  stable.  This  indicates  that 
a  wing  can  effectively  be  used  to  unload  a  rotor  ir.  order  to 
obtain  more  control  power  out  of  the  rotor  at  higher  forward 
speeds  without  introducing  undesirable  stability  problems. 

(f)  Effect  of  Auxiliary  Propulsion  Thrust 

The  effects  of  varying  the  amount  of  propulsive  thrust 
provided  by  the  auxiliary  propulsion  system  on  the  longitudinal 
and  lateral  dynamic  stability  characteristics  of  the  sample 
helicopter  are  illustrated  in  Figures  17,  18,  and  19.  All 
three  figures  show  that  auxiliary  thrust  provides  beneficial 
effects  for  all  longitudinal  and  lateral  modes.  The  main 
effect  of  increasing  the  amount  of  auxiliary  thrust  is  a  mild 
increase  in  damping  of  all  the  stability  modes.  In  particular, 
the  initial  increment  of  auxiliary  thrust  removes  the 
instability  of  the  long-period  oscillatory  mode  and  cau-es  the 
two  aperiodic  longitudinal  modes  to  coalesce  into  a  stable 
short-period  oscillation. 

(g)  Effect  of  Wing  Area 

Figures  20,  21,  and  22  illustrate  the  effect  of  variation  of 
wing  area  on  the  longitudinal  and  lateral  dynamic  stability 
characteristics  of  the  sample  compound  helicopter.  Both  longi¬ 
tudinal  oscillatory  modes  increase  their  period  of  oscillation 
with  increased  wing  area.  An  increase  in  wing  area  produces  a 
mild  stabilizing  effect  on  the  short-period  mode  whereas  the 
long-period  mode  tends  to  become  neutrally  stable.  Also,  an 
increase  in  wing  area  results  in  a  very  minor  increase  in 
frequency  of  the  lateral  oscillatory  mode,  with  a  rapid  increase 
in  damping  of  one  aperiodic  mode  root  and  a  destabilizing  trend 
for  the  other  aperiodic  mode.  The  predominant  effect  of  in¬ 
creasing  wing  area  thus  appears  to  be  an  increase  in  period  of 
the  two  longitudinal  oscillatory  modes. 
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Figure  15.  Effect  of  Wing-Rotor  Lift  Distribution 
on  Longitudinal  Characteristic  Roots. 
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Figure  16.  Effect  of  Wing-Rotor  Lift  Distribution 
on  Lateral  Characteristic  Roots. 
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Figure  17.  Effect  of  Auxiliary  Thrust  on  '\ongi tudinal 
Dynamic  Stability  Characteristics, 
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Figure  19.  Effect:  of  Auxiliary  Thrust  on  Lateral 
Characteristic  Roots. 
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Figure  21.  Effect  of  Wing  Area  on  Longitudinal 
Characteristic  Roots. 
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figure  22.  Effect  of  irig  Area  on  Lateral  ^haract  eri  s- 
tic  Roots. 
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(  h  )  Effect  of  Horizontal  Tailplane  Area 

The  effect  of  varying  the  horizontal  tailplane  area  on  the 
longitudinal  and  lateral  dynamic  stability  characteristics  ii; 
shown  in  Figures  23,  24,  and  25.  Increasing  the  horizontal 
tailplane  area  improves  the  dynamic  stability  of  the  long- 
period  longitudinal  mode  and  also  increases  the  stability  of 
the  short-period  oscillatory  mode.  With  increasing  horizontal 
tailplane  area  the  dynamics  of  the  compound  helicopter  approach 
that  cf  a  conventional  airplane  with  its  very  lightly  damped 
phugoid.  Figure  23  also  graphically  illustrates  the  appropriate 
selection  of  the  horizontal  tail  area  of  40  square  feet  for  the 
sample  compound  helicopter.  With  this  area,  both  the  long- 
period  instability  and  the  pail'  of  aperiodic  roots  have  been 
eliminated  in  favour  of  two  stable  oscillatory  longitudinal 
modes. 

Furthermore,  as  can  be  noted  from  Figure  25,  the  variation 
of  the  horizontal  tailplane  area  has  no  effect  on  the  lateral 
dynamic  characteristics  of  the  sample  compound  helicopter. 

(i)  Effect  of  Vertical  Tailplane  Area 

It  was  found  that  the  variation  in  vertical  tailplane  area 
had  no  effect  on  the  longitudinal  dynamic  stability  characteris¬ 
tics  of  the  compound  helicopters.  Therefore,  this  variation  is 
not  presented  in  this  section.  The  effect  of  increasing  the 
vertical  tailplane  area  is  shown  only  for  the  lateral  modes  in 
Figures  26  and  27.  The  lateral  stability  modes  are 
characterized  by  a  stable  short-period  oscillatory  mode  and  a 
pair  of  stable  aperiodic  modes.  As  would  be  expected,  the 
effect  of  increasing  the  vertical  tail  area  is  to  increase  the 
dynamic  lateral  stability  of  the  short -period  oscillatory  mode 
with  only  minor  changes  in  the  stability  of  the  two  aperiodic 
modes.  Choice  of  a  suitable  vertical  tail  area  should  there¬ 
fore  be  made  on  the  basis  of  handling  qualities  requirements. 
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Figure  23.  Effect  of  Horizontal  Tailplam*.  Aran  on 
Longitudinal  Dynamic  Stability  Chsrac- 
teri.s’tics . 
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Figure  26.  Effect  of  Vertical  Tailplane  Area 
on  Lateral  Dynamic  Stability  Char¬ 
acteristics. 
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Figure  27.  Effect  of  Vertical  Tailplane  Area  on 
Lateral  Characteristic  Roots. 
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SECTION  10.  CORRELATION  OF  THEORY  WITH  FLIGHT  TEST  DATA 


In  order  to  appraise  the  accuracy  and  applicability  of  the 
theoretical  methods  and  procedures  presented  in  this  handbook, 
a  comparison  between  computed  stability  response  data  and  the 
corresponding  flight  test  data  is  presented  in  this  section 
for  three  different  compound  helicopters,  each  operating  at 
three  different  flight  speeds. 

The  computation  of  compound  helicopter  response  to  control 
inputs  or  externally  applied  disturbances  involving  more  than 
three  degrees  of  freedom  of  aircraft  motion  is  most 
conveniently  performed  using  an  analog  computer  program.  The 
analog  computer  is  most  convenient  for  preliminary  design  work 
because  the  responses  are  generated  on  a  real  time  basis.  This 
enables  the  dynamic  stability  characteristics  to  be  immediately 
assessed,  and  appropriate  adjustments  can  be  made  to  the 
stability  augmentation  system  design  parameters  to  optimize 
the  response  characteristics  with  a  minimum  amount  of  effort. 

Presented  in  this  section  are  typical  computations  performed 
using  a  Pace  221  R  analog  computer  of  the  response  due  to 
pulsed  control  inputs  for  the  three  compound  helicopters  under 
consideration.  The  computations  include  six  degrees  of  free¬ 
dom  of  aircraft  motion  and  three  degrees  of  freedom  of  stability 
augmentation  system.  The  input  forcing  functions,  which  are 
programmed  to  be  activated  independently  or  simultaneously 
are  the  pilot's  longitudinal  cyclic  stick,  the  lateral  cyclic 
stick,  and  the  rudder  pedals. 

10.1  DYNAMIC  STABILITY  RESPONSES  OF  A  TEETERING  ROTOR  COMPOUND 
HELICOPTER 

10.1.1  Description  of  the  Sample  Compound  Helicopter 

The  sample  teetering  rotor  compound  helicopter  considered 
is  the  high-speed  research  vehicle  illustrated  in  Figure 
1  of  Section  9.  This  aircraft  was  developed  from  a  med¬ 
ium  utility-type  helicopter  by  the  addition  of  wings,  a 
horizontal  tailplane,  and  two  auxiliary  jet  engines  mounted 
at  the  wing  tips.  Both  the  main  and  tail  rotors  have  two 
blades  each  and  teetering  type  hubs.  Although  no 
electronic  or  mechanical  stabilization  device  is  employed 
on  this  aircraft,  it  does  have  conventional  aircraft 
controls  to  improve  the  high-speed  handling  qualities. 

These  controls  are  linked  with  the  helicopter  controls  and 
are  used  in  the  speed  range  between  140  and  160  knots.  A 
summary  of  the  pertinent  design  parameters  is  presented  in 
Table  I. 
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DESIGN  PARAMETERS  FOR  TEETERING  ROTOR  COMPOUND  HELICOPTER 
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The  operating  conditions  assumed  in  the  sample  calculations 
correspond  to  forward  speeds  of  100,  150,  and  200  knots,  all 
at  a  constant  rotor  tip  speed  of  £1  R  =  746  ft/sec  and  a 
pressure  altitude  corresponding  to  sea  level  standard  day. 

The  100-  and  150-knot  cases  were  simulated  using  only  con¬ 
ventional  helicopter  controls,  while  the  200-knot  case  air¬ 
plane-type  controls  fully  integrated  with  the  helicopter 
controls  were  used. 

10.1.2  Analog  Computer  Program 

The  analog  computer  program  for  the  sample  compound 
helicopter  was  developed  using  the  total  stability  derivatives 
presented  in  Tables  It,  III,  and  IV.  These  derivatives  were 
obtained  using  the  design  parameters  given  in  Subsection 
10.1.1  and  the  stability  data  presented  in  Section  1.  The 
analog  computer  schematic  diagram  representing  the  equations 
of  motion  for  this  aircraft  is  shown  in  Figure  1.  The 
settings  of  potentiometers  P  and  Q  shown  in  Figure  1  are 
given  in  Tables  V,  VI,  and  VII  for  the  three  selected  speed 
conditions.  These  settings  were  obtained  by  first 
normalizing  the  total  derivatives  in  Tables  II,  III,  and  IV 
by  the  coefficient  of  the  highest  order  variable  (e.g.,  the 
X  equation  was  divided  by  X|j  ,  the  M  equation  was  divided  by 
Mg  ,  etc)  and  then  by  multiplying  the  normalized  derivatives 
by  appropriate  scaling  factors  to  prevent  any  of  the 
amplifiers  from  exceeding  their  maximum  operating  voltage. 

10.1.3  Stability  Responses  of  the  Teetering  Rotor  Compound 
Helicopter 

The  time  history  traces  of  the  responses  of  the  selected 
teetering  rotor  compound  h-v*  i copter  to  pulse  inputs  of  the 
longitudinal  and  lateral  cyclic  controls  Bic  and  A, 
respectively,  and  the  rudder  pedal  control  Src are  shown  in 
Figures  2  through  10  for  the  three  flight  speeds  considered. 

Figures  2,  3,  and  4  present  the  aircraft  responses  due  to 
pulse  inputs  of  uncoupled  longitudinal,  lateral,  and 
directional  controls,  respectively,  at  a  forward  speed  of  100 
knots.  Similar  data  are  presented  in  Figures  5,  6,  and  7  for 
a  forward  speed  of  150  knots  and  in  Figures  8,  9,  and  10  for 
the  200-knot  flight  condition.  Superimposed  on  these  figures 
are  the  corresponding  flight  test  data  (denoted  as  dot;*) 
which  were  obtained  from  the  unpublished  data  supplied  by 
USAAV1ABS  for  the  purpose  of  correlation. 
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TOTAL  STABILITY  DERIVATIVES  FOR  THE  TEETERING 
ROTOR  COMPOUND  HELICOPTER  AT  100  KNOTS 
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TOTAL  STABILITY  DERIVATIVES  FOR  THE  TEETERING 
ROTOR  COMPOUND  HELICOPTER  AT  200  KNOTS 


-6.456  -9.037  -220.86  -164.77  183.29  -54.018 

0  0  -278.97  00  0 

0.570  7421.  -40.695  -15.910  -2197.  50337. 

10083  3053.  23701.  -61379.  -61445.  20706. 

-141.41  8056.  249.72  7305.  -218133.  42650. 


Compound  Helicopter- 


TABLE  V 


ANALOG  COMPUTER  POTENTIOMETER  SETTINGS  FOR  THE  TEETERING 
ROTOR  COMPOUND  HELICOPTER  AT  100  KNOTS 


Pot. 

No. 

Setting 

m 

mn 

Pot. 

No. 

BUI 

Pot. 

No. 

BH 

POO 

0.7782 

P10 

0.0805 

P20 

0.0242 

Q50 

— 

QOO 

0.0010 

QlO 

0.0201 

Q20 

0.8434 

Q51 

0.1975 

POl 

0.0010 

Pll 

— 

P21 

0.0003 

Q52 

— 

Q01 

0.1000 

Qll 

0.4145 

Q21 

0.6275 

Q53 

0.0006 

P02 

0.1667 

P12 

0.1000 

P22 

0.2525 

Q54 

0.3056 

Q02 

0.0252 

Q12 

0.0449 

Q22 

0.3333 

Q55 

— 

P03 

0.0004 

P13 

0.0215 

P23 

0.1551 

Q56 

— 

Q03 

0.1537 

Q13 

0.0091 

Q23 

0.1264 

Q57 

— 

P04 

0.0965 

P14 

0.4178 

P24 

0.0004 

Q5  8 

~ 

Q04 

0.1667 

Q14 

0.8333 

Q24 

0.0225 

Q59 

0.2000 

P05 

0.0648 

P15 

— 

P25 

0.2382 

Q60 

1.0000 

Q05 

0.0873 

Q15 

0.1711 

Q25 

0.2387 

Q61 

0.1000 

P06 

0.1400 

PI  6 

0.4956 

P26 

0.0838 

Q62 

— 

Q06 

0.1097 

Q16 

— 

Q26 

0.0090 

Q63 

0.1485 

P07 

0.0153 

P17 

0.0995 

P27 

0.6064 

Q64 

— 

Q07 

0.0056 

Q17 

0.6560 

Q27 

0.3668 

Q65 

— 

P08 

— 

P18 

0.0073 

P28 

0.0216 

Q66 

— 

QC8 

0.3181 

Q18 

0.0354 

Q28 

0.0106 

067 

0.1000 

P09 

0.0683 

P19 

0.0838 

P29 

0.4117 

Q68 

0.0096 

Q09 

0.0536 

Q19 

0.0846 

Q29 

— 

Q69 

0.1000 
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TABLE  VI 


ANALOG  COMPUTER  POTENTIOMETER  SETTINGS  FOR  THE  TEETERING 
ROTOR  COMPOUND  HELICOPTER  AT  150  KNOTS 


Pot. 

NO. 

H8HH 

Pot. 

No. 

Pot. 

No. 

Setting 

POO 

0.7409 

P10 

0.0805 

P20 

0.3779 

Q5  0 

QOO 

0.0030 

Q10 

0.0150 

Q20 

0.9927 

051 

0.2810 

P01 

0.0037 

Pll 

P21 

0.0007 

052 

— 

Q01 

0.1000 

Qll 

0.3130 

Q21 

0.7543 

Q53 

0.0067 

P02 

0.1667 

P12 

0.1000 

P22 

0.3787 

054 

0.3900 

Q02 

0.0192 

Q12 

0.0733 

Q22 

0.3333 

055 

— 

P03 

0.0048 

P13 

0.0544 

P23 

0.2441 

056 

— 

Q03 

0.5084 

Q13 

0.0345 

Q23 

0.002C 

057 

— 

P04 

0.0963 

P14 

0.6275 

P24 

0.0021 

Q58 

— 

Q04 

0.1667 

Q14 

0.8333 

Q24 

0.0368 

059 

0.2000 

P05 

0.1666 

P15 

— 

P25 

0.3023 

Q60 

1.0000 

Q05 

0.1056 

Q15 

0.3108 

Q25 

0.1784 

061 

0.1000 

P06 

0.1084 

PI  6 

0.6331 

P26 

0.9659 

062 

— 

Q06 

0.0794 

Q16 

— 

Q26 

0.0343 

063 

0.5068 

P07 

0.0524 

P17 

0.1270 

P27 

0.8056 

Q64 

— 

Q07 

0.0568 

Q17 

0.6980 

Q27 

0.4696 

Q65 

— 

P08 

— 

P18 

0.0055 

P28 

0.0544 

066 

— 

Q08 

0.2858 

Q18 

0.2843 

Q28 

0.0380 

067 

0.1000 

P09 

0.2763 

P19 

0.4488 

P29 

0.3109 

068 

0.0314 

Q09 

0.0700 

Q19 

0.1103 

Q29 

— 

069 

0.1000 
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TABLE  VII 
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Figure  2.  Concluded 


Figure  4.  Response  of  the  Teetering  Rotor  Compound  Heli¬ 
copter  Due  to  Pulse  Input  of  the  Directional 
Control,  8rc  =  +0.8'  ,  V  =  100  KTS. 
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Figure  4.  Continued. 
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Figure  4.  Concluded. 
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Figure  5.  Response  of  the  Teetering  Rotor  Compound  Heli¬ 
copter  Due  to  Pulse  Input  of  the  Longitudinal 
Control,  B,c  -1”,  V  =  150  KTS . 
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ELAPSED  TIME -SEC 
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Figure  6.  Response  of  the  Teetering  Rovor  Comnound  Heli¬ 
copter  Due  to  Pulse  Input  of  the  Lateral 
Control.  A|c  =  +0.3'',  V  =  ISO  KTS. 
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Figure  6.  Continued. 
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Figure  6.  Concluded. 
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"igure  7.  Response  of  the  Teetering  Rotor  Compound  Heli' 
copter  Due  to  Pulse  Input  of  the  Directional 
Control,  Src  =  + 1 1  ,  V  =  150  KTS. 
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Figure  7,  Continued. 
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( a  )  PERTURBATION  VELOCITIES ,  FT/ SEC 


Figure  9,  Response  of  the  Teetering  Rotor  Compound  Heli 
copter  Due  to  Pulse  Input  of  the  Lateral 
Control,  A|c  =  +0.8",  V  =  200  KTS. 


10.1-33 


ELAPSE 
( C ) ANGULAR 


Figure  9. 


1-35 


5 


Figure  10.  Response  of  the  Teetering  Rotor  Compound 

KrLicopter  Due  to  Pulse  Input  of  the  Direc¬ 
tional  Control,  8rc  =  +0.8",  V  =  200  KTS. 
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Figure  10.  Continued 


By  examining  Figures  2  through  10,  it  can  be  noted  that  overall 
good  to  very  good  correlation  is  achieved  between  the  analytical 
results  obtained  using  the  stability  methods  presented  herein 
and  the  corresponding  flight  test  data  for  the  teetering  rotor 
compound  helicopter.  To  facilitate  a  detailed  evaluation  of 
the  degree  of  correlation,  a  qualitative  rating  system  is 
introduced. 

This  system  rates  the  degree  of  correlation  that  was  achieved 
between  the  theoretical  and  the  flight  test  responses  as: 
excellent  (E),  very  good  (VG),  good  (G),  fair  (F),  and  poor 
(P).  The  qualitative  correlation  ratings  for  the  response  of 
each  parameter  presented  in  Figures  2  through  10  for  the 
sample  teetering  rotor  compound  helicopter  are  presented  in 
Table  VIII. 

As  can  be  noted  from  Table  VIII,  generally  better  correlations 
are  achieved  for  the  higher  speed  cases  than  for  the  low  speed 
cases,,  .For  a  lateral  stick  pulse  (  Atc  ),  the  lateral  responses 
of  <£,<£,  \f/  ,  \j/  ,  and  v  are  predicted  very  well,  whereas 

the  prediction  of  the  longitudinal  responses  of  9  ,  8  ,  u  ,  andw- 
is  somewhat  poorer,  especially  at  low  flight  speeds.  The 
responses  due  to  longitudinal  stick  pulses  (  B|C  )  are  all 
very  well  predicted  except  at  low  speed,  where  only  fair 
correlation  was  achieved  'or  vr  and  the  directional  responses 
of  \f/  ,  if/  ,  and  v  .  Very  good  correlation  is  obtained  for 
the  responses  to  rudder  pedal  pulses  (  Src )  except  that  again 
at  low  speed,  poor  correlation  is  indicated  for  the  longitudinal 
flight  parameters  8,8,  u  ,  and  w  . 

The  results  discussed  above  indicate  that  somewhat  poorer 
correlation  exists  for  the  cross-coupled  modes,  c.g.,the 
responses  of  the  lateral  parameters  due  to  longitudinal 
disturbances  and  vice  versa.  This  is  primarily  attributed  to 
the  inherent  inaccuracies  in  estimating  the  cross-products  of 
inertia  of  the  sample  compound  helicopter.  Therefore,  it 
appears  that  the  cross-products  of  inertia  which  are  generally 
negligible  in  the  stability  analyses  of  conventional  helicopters 
may  be  more  important  in  the  case  of  compounds.  It  is  expected, 
however,  that  with  more  accurate  input  data,  including  exact 
similation  of  aircraft,  control  motions,  the  analytical  methods 
presented  herein  will  more  than  adequately  predict  the  measured 
responses  of  a  compound  helicopter. 
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10.2  DYNAMIC  STABILITY  RESPONSES  OF  AN  ARTICULATED  ROTOR 
COMPOUND  HELICOPTER 


1.0 . 2 . 1  Description  of  the  Sample  Compound  Helicopter 

The  sample  compound  helicopter  is  the  same  aircraft  as 
described  in  detail  in  the  sample  calculations  of 
Section  11.  The  vehicle  is  illustrated  in  Figure  1  of 
Section  11.1,  and  the  pertinent  design  parameters  are 
presented  in  Table  I  of  Section  11.2.  This  aircraft  has 
no  electrical  or  mechanical  stability  augmentation 
system,  but  it  employs  integrated  airplane  and  helicopter 
flight  controls  throughout  its  speed  regime. 

The  operating  conditions  assumed  in  these  sample  calcu¬ 
lations  correspond  to  forward  speeds  of  125,  150,  and 
180  knots,  all  at  a  constant  rotor  tip  speed  of  fi  R  =  600 
ft/sec  and  a  density  altitude  corresponding  to  3000  feet 
above  sea  level. 

10.2.2  Analog  Computer  Program 

The  analog  computer  program  for  this  compound  helicopter 
was  developed  using  the  total  stability  derivatives 
presented  in  Table  I  of  Section  11.4  for  the  125-knot 
speed  case,  and  Tables  I  and  II  in  this  section  for  the 
150-  and  180-knot  speed  cases  respectively.  These 
derivatives  were  obtained  using  the  design  parameters 
given  in  Section  11.2  and  the  methods  described  earlier 
in  this  report.  The  analog  computer  schematic  diagram 
representing  the  equations  of  motion  for  this  aircraft 
is  shown  in  Figure  1.  The  settings  of  the  potentiometers 
P  and  9,  shown  in  Figure  1,  are  given  in  Tables  III,  IV, 
and  V  for  the  125- ,  150- ,  and  180-knot  speed  cases 
respectively.  These  settings  were  obtained  by  normalizing 
the  total  derivatives  described  above  and  multiplying 
the  normalized  derivatives  by  the  appropriate  scaling 
factors  required  for  use  on  the  Pace  221  R  computer. 

10.2.3  Stability  Responses  of  the  Articulated  Rotor  Compound 
Helicopter 

The  time  history  responses  of  this  articulated  rotor  com¬ 
pound  helicopter  to  pulse  inputs  of  the  longitudinal  and 
lateral  cyclic  controls  B,c  and  Aic  respectively  and  the 
rudder  pedal  control  Src  are  shown  in  Figures  2  through  11 
for  the  three  flight  speeds  considered.  Figures  2,  3,  and 
4  show  the  aircraft  response  due  to  individually  applied 
pulse  inputs  of  the  longitudinal,  lateral,  and  directional 
controls,  respectively,  at  a  forward  speed  of  125  knots. 
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TOTAL  STABILITY  DERIVATIVES  FOR  THE  ARTICULATED 
ROTOR  COMPOUND  HELICOPTER  AT  180  KNOTS 
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Figure  1.  Analog  Computer  Schematic  for  the  Sample  Articulated  Rotor 
Compound  Helicopter. 


TABLE  III 


ANALOG  COMPUTER  POTENTIOMETER  SETTINGS  FOR  THE  ARTICULATED 
_ ROTOR  COMPOUND  HELICOPTER  AT  125  KNOIS 


Pot. 

No. 

■ 

Pot . 
No. 

■ 

Pot . 
No. 

MR 

Pot . 
No. 

I 

Setting 

POO 

0.0865 

P10 

0.805 

P20 

0.0463 

Q5  0 

— 

QOO 

0.0059 

Q10 

0.0270 

Q20 

0.1321 

Q51 

0.0836 

P01 

0.0022 

Pll 

— 

P21 

0.0015 

Q52 

— 

Q01 

0.1000 

Qll 

0.3512 

Q21 

0.2122 

Q53 

0.0006 

P02 

0.1667 

P12 

_ 

P22 

0.3293 

Q54 

0.3893 

Q02 

0.0340 

Q12 

0.0679 

Q22 

0.3333 

Q55 

_ 

P03 

0.0060 

P13 

0.0578 

P23 

0.3284 

Q56 

— 

Q03 

0.3980 

Q13 

0.0406 

Q23 

0.0986 

Q57 

— 

P04 

0.0964 

P14 

0.5491 

P24 

0.0012 

Q58 

— 

Q04 

0.1667 

Q14 

0.8333 

Q24 

0.0344 

Q59 

0.1750 

P05 

0.0896 

P15 

— 

P25 

0.3439 

Q60 

1 . 0000 

Q05 

0.2112 

Ql5 

0.1925 

Q25 

0.6949 

Q61 

0.1000 

P06 

0.3130 

P16 

0.4809 

P26 

0.1238 

Q62 

— 

Q06 

0.1875 

Q16 

— 

^26 

0.0485 

Q63 

0.4076 

P07 

0.0177 

PI  7 

0.0439 

P27 

0.1628 

Q64 

— 

Q07 

0.0048 

Q17 

0.3740 

Q27 

0.2253 

Q65 

— 

P08 

— 

P18 

0.0056 

P28 

0.0880 

Q66 

— 

Q08 

0.1430 

Q18 

0.0413 

Q28 

0.0442 

Q67 

0.0621 

P09 

P19 

0.0924 

P29 

0.2292 

Q68 

0.0353 

Q09 

0.5205 

Q19 

0.5752 

Q29 

— 

Q69 

0.1000 

J 
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TABLE  IV 


ANALOG  COMPUTER  POTENTIOMETER  SETTINGS  FOR  THE  ARTICULATED 
ROTOR  COMPOUND  HELICOPTER  AT  150  KNOTS 


1 

m 

Pot . 
No. 

m 

Pot. 

No. 

■1 

m 

Setting 

POO 

0.0201 

P10 

0.0805 

P20 

0.0522 

Q50 

— 

Q00 

0.0068 

QlO 

0.0240 

Q20 

0.1389 

Q51 

0.1030 

POL 

0.0032 

Pll 

— 

P21 

0.0010 

Q52 

— 

Q01 

0.1000 

Qll 

0.3135 

Q21 

0.2283 

Q53 

0.0003 

P02 

0.1667 

P12 

— 

P22 

0.3768 

Q54 

0.4220 

Q02 

0.0307 

Q12 

0.0558 

Q22 

0.3333 

Q55 

— 

P03 

0.0015 

P13 

0.0290 

P23 

0.3416 

Q56 

— 

Q03 

0.3747 

Q13 

0.0299 

Q23 

0.0977 

Q57 

— 

P04 

0.0964 

P14 

0.6288 

P24 

0.0014 

Q58 

— 

Q04 

0.1667 

Q14 

0.8333 

Q24 

0.0282 

Q59 

0.1750 

P05 

0.1078 

PI  5 

— 

P25 

0.3659 

Q60 

1.0000 

Q05 

0.02346 

Q15 

0.1947 

Q25 

0.6573 

Q61 

0.1000 

P06 

0.3940 

P16 

0.5209 

P26 

0.1168 

Q62 

— 

Q06 

0.1830 

Q16 

— 

Q26 

0.0816 

Q63 

0.3840 

P07 

j 

0.0184 

P17 

0.0498 

P27 

0.2828 

Q64 

— 

|  Q07 

0.0324 

Q17 

0.3440 

Q27 

0.2435 

Q65 

— 

P08 

— 

PI  8 

0.0030 

P28 

0.1292 

Q66 

Q08 

0.1928 

Q18 

0.0487 

Q28 

0.0396 

Q67 

0.0621 

P09 

0.0167 

P19 

0.0976 

P29 

0.3063 

Q68 

0.0406 

Q09 

0.5305 

Q19 

0.6370 

Q29 

— 

Q69 

0.1000 

ANALOG  COMPUTER  POTENT  I  OMFTfd 

- _  ROT0R  C0MP°^°  ^ColM  fS  Swf TKULATED 


Pot. 

No. 


POO 

QOO 

POL 

QC1 

?02 

1002 
P03 
Q03 
P04 
?04 
*05 
»05 
06 

06  I 

37 

37 

)8 

>8 

9 

9 


___Settirv 
0.1163 
0.0084 
0.0049 
0.1000 
0.1667 
0.0252 
[  0.0063 
0.3497 
0.0966 
0.1667 
0.1140 
0.2731 
0.5482 
0.1765 
0.0081 
0.0492 


Pot. 

No. 


0.2857 

0.0529 

0.5015 


I1  P10 
Q10 
Pll 
Qll 
P12 
Q12 
P13 
Q13 
P14 
Q14 
P15 
015 
P16  | 

W6 
PI  7 
Q17 
PI  8  | 

Q18  I 

P19 

019 


Setting 
0.0805 
|  0.0188 
I  - 

0.2487 

' 

0.0431 
0.0329 
0.0079 
0.7547  I 
0.8333 

0.1546 

0.4776 


0.0577 

0.2900 

0.0040 

0.0221 

0.0546 

0.7316 


Pot. 

No. 

Setting 

Pot. 

.  No.  Setn’r^r 

P20 

0.0661 

Q50  - 

Q20 

0.1581 

951  0.1290 

P21 

0.0002 

Q52  - 

Q21 

0.1980 

953  0.0011 

P22 

0.4511 

954  1  0.3879 

Q22 

P23 

Q23 

P24 

Q24 

P25 

Q25 

P26 

926 

P27 

Q27 

P28 

Q28 

P29 

Q29 


0.3333  II  Q55  |  _ 

0.3831.  Q56 

0.1022  I  Q57  _ 

j  0.0024  I  Q58  I  _ 
0.0218  I  Q59  [  0.2000 
0.3168  I  Q60  |  1.0000 
0.5826  I  Q61  0.1000 

0.1054  I  Q62  _ 

0.1712  I  Q63  0.3612 

0.4264  |  Q64  _ 

0.2672  Q65 

0. 2256  Q66 

0.0290  I  Q67  0.0621 

0.4530  I  Q68  |  0.0371 
— - - 1LQ69  I  0. 1000 
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Figure  3.  Concluded. 
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Figure  4.  Response  of  the  Articulated  Rotor  Compound 
Helicopter  Due  to  Pulse  Input  of  the 
Directional  Control,  8rc  =  +0.5”,  V  =  125  KTS, 
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figure  4.  Continued 
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Figure  5.  Concluded. 
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(o)  PERTURBATION  VELOCITIES ,  FT/SEC 

Figure  6.  Response  of  the  Articulated  Rotor  Compound  Heli¬ 
copter  Due  to  Pulse  Imuit  of  the  Lateral  Control 
A,c  =  40.5”,  V  =  150  KTS. 
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Figure  6.  Continued 
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Figure  6.  Concluded. 


10,2-22 


, 

l 


10.2-23 


■ 


10.2-24 


ELAPSED  TIME  -  SEC 
(b)  ATTITUDES  ,  DEGREES 


ELAPSED  TIME  -  SEC 
(b)  ATTITUDES,  DEGREES 


Figure  8. 


Co-  ti  Hied. 


ELAPSED  TIML  -  SEC 
(c)  ANGULAR  RATES,  DEG/SEC 


H  gure  8.  Concluded. 
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9.  Response  of  the  Articulated  Rotor  Compound  Heli¬ 
copter  Due  to  Pulse  Input  of  the  Lateral  Control 
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Figure  9.  Continued 
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Figure  10.  Continued. 
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Figure  10.  Concluded 
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Similar  data  for  forward  speeds  of  1.50  and  ISO  knots  are 
presented  in  the  sets  of  Figures  5,  6,  and  7  and  Figures  8,  9, 
10,  and  11  respectively.  Figures  10  and  11  show  aircraft 
responses  due  to  two  different  pulse  inputs  of  the  directional 
control  Src at  180  knots.  Figure  10  shows  responses  due  to  an 
"ideal"  square  pulse  input,  whereas  in  Figure  11  an  attempt 
is  made  to  simulate  actual  rudder  control  motion  introduced 
by  the  pilot  during  the  test  program.  Superimposed  on  all  of 
these  figures  are  the  available  flight  test  data  obtained  for 
the  sample  helicopter  from  Reference  1. 

Furthermore,  each  figure  shows  the  actual  flight  test  control 
motions  as  applied  by  the  pilot  in  addition  to  the  pulse  inputs 
used  in  the  analog  computer  program.  As  can  be  noted  from 
these  figures,  the  pilot  was  not  always  able  to  apply  one  con¬ 
trol  at  a  time,  holding  other  controls  fixed  at  neutral 
positions.  As  a  result  while  applying  one  specific  control 
motion,  excursions  from  neutral  of  the  other  controls  were 
introduced.  These  excursions  of  other  control  motions  were 
not  simulated  in  the  analog  computer  program;  consequently, 
poorer  correlation  is  expected  of  the  analog  results  based 
on  a  single  control  disturbance  with  the  corresponding  data 
where  more  than  one  control  motion  was  unintentionally  applied. 

A  good  example  of  this  can  be  seen  in  Figure  6  in  which  the 
effect  of  a  one-half-inch  right  lateral  stick  pulse  (  A,  ) 
is  examined.  Although  the  analog  and  flight  test  (  A,c  )c 
control  motions  are  closely  duplicated,  the  rudder  control 
excursions  (  Srr  )  are  ever,  more  violent  than  the  A|C  pulse.  Also, 
the  longitudinal  control  (  8|C  ),  which  is  relatively  steady  for 
this  flight  test,  is  varying  forward  and  aft  up  to  + 20 %  of  the 
magnitude  of  the  A|C  pulse.  Thus,  as  can  be  seen  from  Figure  6, 
the  correlation  between  the  analog  computer  results  and  the 
flight  test  data  is  only  fair.  For  a  true  assessment  of  the 
correlation  achieved  between  the  theory  and  the  flight  test 
data  in  this  case,  it  would  be  necessary  to  feed  control  mo¬ 
tions  to  all  three  axes  into  the  analog  computer.  This  could 
be  achieved  using  curve  followers  to  exactly  duplicate  the 
flight  test  control  motions. 

Figures  10  and  11  illustrate  an  attempt  to  partially  match 
the  analog  control  input  Sfc  with  the  flight  test  control  input. 
Figure  10  shows  that  a  simple  square  pulse  does  not  yield  good 
correlations  for  any  of  the  measured  responses.  However,  in 
Figure  11,  where  the  two  steps  to  the  control  input  after  the 
pulse  are  added,  the  correlation  between  the  theory  and  the 
flight  test  is  substantially  improved. 


10.2-38 


If  the  longitudinal  and  lateral  controls  of  0.1"  forward 
step  at  4.3  second  and  0.1”  left  step  after  nine  seconds 
respectively,  were  simultaneously  applied,  even  better 
correlation  would  be  achieved. 

Despite  the  difficulty  of  maintaining  and  simulating  the 
flight  test  control  motions,  satisfactory  to  good  correlations 
are  generally  obtained  between  the  analog  computer  results 
and  the  corresponding  full-scale  flight  test  data. 

A  summary  of  the  correlations  achieved  for  this  sample  compound 
helicopter  is  presented  in  Table  VI.  The  same  rating  system 
as  in  Section  10.1  is  herein  used.  It  should  be  noted  that  an 
attempt  was  made  to  exactly  match  the  control  inputs  in  Figures 
7,  8,  and  11  and  that  only  the  results  from  Figure  11  are 
evaluated  in  Table  VI.  Also,  where  control  excursions  took 
place  for  other  controls  than  the  one  whose  effect  was  being 
examined,  the  correlation  was  judged  before  the  secondary 
flight  test  control  excursions  could  have  a  significant 
effect  on  the  aircraft  responses. 

For  all  these  cases,  the  correlation  obtained  between  the 
theoretical  and  the  flight  test  responses  is  excellent.  The 
previously  noted  trend  for  the  degree  of  correlation  to 
improve  with  the  higher  speed  cases  is  not  evident  for  this 
set  of  data.  However,  where  poor  correlation  occurred  it  was 
usually  a  result  of  improper  estimates  of  cross-coupling 
effects  as  discussed  in  the  previous  section. 

Nevertheless,  the  theoretical  methods  presented  in  this 
handbook  appear  to  be  more  than  adequate  for  predicting 
the  full-scale  flight  test ■ responses  due  to  control  motions 
for  the  sample  articulated  rotor  compound  helicopter. 
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10.3  DYNAMIC  STABILITY  RESPONSES  OF  A  HINGELESS  ROTOR  COMPOUND 
HELICOPTER 

10.3.1  Description  of  the  Sample  Compound  Helicopter 

The  compound  helicopter  considered  in  this  section  is  the 
hingeless  rotor  research  vehicle  illustrated  in  Figure  1. 
This  aircraft  was  developed  from  a  medium  utility -type 
helicopter,  principally  by  adding  a  70-square-foot  wing 
and  an  auxiliary  jet  engine  to  the  port  side  of  the 
fuselage.  The  four-bladed  main  rotor  has  a  hingeless  hub, 
whereas  the  two-bladed  tail  rotor  has  a  teetering  hub. 

A  mechanical  control  gyro  mounted  on  the  main  rotor  hub 
acts  as  a  two-axis  stabilization  system.  This  aircraft 
uses  only  convention  helicopter  controls  throughout 
its  operational  speed  range.  A  summary  of  the  pertinent 
design  parameters  is  presented  in  Table  I. 

To  facilitate  the  dynamic  stability  and  control  compu¬ 
tations,  the  hingeless  rotor  was  mathematically 
represented  as  an  equivalent  flapping  rotor  with  a 
hinge  offset  of  ev  =  1.91,  as  calculated  using  the 
methods  described  in  Section  5.2.  For  these  calcu¬ 
lations,  the  first  natural  bending  frequency  of  the 
rigidly  attached  elastic  blade  was  taken  from  Reference 
1  as  w,  =  1.088,0,  .  Furthermore,  the  gyro  stabilizer 

was  modeled  as  a  mechanical  gyro  with  two-axis 
acceleration  feedback  such  as  a  Bell  bar  or  Hiller 
control  rotor. 

For  correlation  purposes,  the  operating  conditioi 
assumed  in  these  sample  calculations  correspond  to 
forward  speeds  of  158,  193,  and  221  knots  and  air 
density  ratios  of  p/pg  -  0.813,  p  fpg  =  0.796,  and 
p/pg  =  0.801  respectively.  The  rotor  tip  speeds 
assumed  were  12  R  =  669.5  ft/sec  at  158  and  193  knots 
and  X2  R  =  663  ft/sec  at  221  knots. 


10.3.2  Analog  Computer  Program 

The  analog  computer  program  for  this  compound  helicopter 
was  developed  utilizing  the  total  stability  derivatives 
presented  in  Table's  II,  III,  and  IV.  These  derivatives 
were  obtained  using  the  design  parameters  given  in 
Subsection  10.3.1  and  the  methods  described  in  this  re¬ 
port.  The  analog  computer  schematic  diagram  representing 
the  equations  of  motions  for  this  aircraft  is  shown  in 
Figure  2.  The  settings  of  the  potentiometers  P  and  Q 
shown  in  Figure  2  are  presented  in  Tables  V,  VI,  and  VII 
for  the  158,  193,  and  221  knots  respectively.  These 
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Sample  Hingeless  Rotor  Compound  Helicopter 
General  Arrangement. 
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TOTAL  STABILITY  DERIVATIVES  FOR  THE  HINGELESS 
ROTOR  COMPOUND  HELICOPTER  AT  158  KNOTS 
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TABLE  III 
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TOTAL  STABILITY  DERIVATIVES  FOR  THE  HINGELESS 
ROTOR  COMPOUND  HELICOPTER  AT  221  KNOTS 
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Figure  2.  Analog  Computer  Schematic  for  the  Rigid  Rotor  Compound  Helicopter 


TABLE  V 


1 


ANALOG  COMPUTER  POTENTIOMETER  SETTINGS  FOR  THE 
HINGELESS  ROTOR  COMPOUND  HELICOPTER  AT  158  KNOTS 


Pot . 
No. 

Setting 

Pot . 

No. 

HR 

m 

M 

Pot . 
No. 

Setting 

POO 

0.0085 

P10 

0.0805 

P20 

0.0604 

Q50 

— 

QOO 

0.0085 

Q10 

0.0067 

Q20 

0.1441 

Q51 

0.0178 

P01 

0.0023 

Pll 

0.1696 

P21 

0.0042 

Q52 

0.6040 

QOi 

— 

Qll 

0.1696 

Q21 

0.6226 

Q53 

0.0006 

P02 

0.1667 

P12 

— 

P22 

0.3974 

Q54 

0.1400 

Q02 

0.0092 

Q12 

0.1354 

Q22 

0.3335 

Q55 

— 

P03 

0.0018 

PI  3 

0.0454 

P23 

0.1550 

Q56 

0.1875 

Q03 

0.1078 

Q13 

0.0294 

Q23 

0.1279 

Q57 

0.5000 

P04 

0.0956 

P14 

0.6622 

P24 

— 

Q58 

0.5000 

Q04 

0.1667 

Q14 

0.8333 

Q24 

0.0678 

Q59 

0.2000 

P05 

0.1692 

P15 

— - 

P25 

0.3805 

Q60 

1.0000 

Q05 

0.5184 

Q15 

0.0247 

Q25 

0.2020 

Q61 

0.1000 

P06 

0.1014 

PI  6 

0.0067 

P26 

0.7111 

Q62 

— 

QOo 

0.1102 

Q16 

— 

Q26 

0.5999 

Q63 

0.1085 

P07 

0.0388 

PI  7 

0.3180 

P27 

0.1589 

Q64 

0.1875 

Q07 

0.0160 

Q17 

0.0360 

Q27 

0.6490 

Q65 

— 

P08 

0.1408 

PI  8 

0.0'.  '7 

P28 

0.6324 

Q66 

— 

Q08 

0.1403 

Q18 

0.3753 

Q28 

0.1300 

Q67 

— 

P09 

— 

P19 

0.4^00 

P29 

0.3805 

Q68 

0.0620 

Q09 

0.9622 

Q19 

0.1554 

Q29 

— 

Q69 

0.1000 
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TABLE  VI 


ANALOG  COMPUTER  POTENTIOMETER  SETTINGS  FOR  THE 
HINGELESS  ROTOR  COMPOUND  HELICOPTER  AT  193  KNOTS 


Pot . 
No. 

Pot. 

No. 

■M 

Pot . 
No. 

mm 

Pot. 

No. 

Setting 

POO 

0.1298 

P10 

0.0805 

P20 

0.0756 

Q50 

— 

QOO 

0.1298 

Q10 

0.0038 

Q20 

0.1585 

Q51 

0.0219 

POl 

0.0015 

Pll 

0.1069 

P21 

0.0042 

Q52 

0.7560 

Q01 

— 

Qll 

0.1069 

Q21 

0.5591 

Q53 

0.0006 

P02 

0.1667 

P12 

— 

P22 

0.4851 

Q54 

0.1400 

Q02 

0.0056 

Q12 

0.1119 

Q22 

0.3333 

Q55 

— 

P03 

0.0023 

PI  3 

0.0500 

P23 

0.1654 

Q56 

0.1875 

Q03 

0.1100 

Q13 

0.0397 

Q23 

0.1349 

Q57 

0.5000 

P04 

0.0960 

P14 

0.8098 

P24 

— 

Q58 

0.5000 

Q04 

0.1667 

Q14 

0.8333 

Q24 

0.0560 

Q59 

0.2000 

P05 

0.1014 

P15 

— 

P25 

0.3871 

Q60 

1.0000 

QOS 

0.5728 

Q15 

0.1046 

Q25 

0.1963 

Q61 

0.1000 

P06 

0.1254 

P16 

0.0043 

P26 

0.6707 

Q62 

— 

Q06 

0.1132 

Q16 

— 

Q26 

3 .0101 

Q63 

0.1106 

F07 

0.0353 

P17 

0.3444 

P27 

0.1444 

Q64 

0.1873 

Q07 

0.0252 

Q17 

0.0770 

Q27 

0.6615 

Q65 

— 

P08 

0.1185 

P18 

C. 0043 

P28 

0.9760 

Q66 

— 

QOS 

0.1185 

Q18 

0.3573 

Q28 

0.0860 

Q67 

— 

P09 

— 

P19 

0.3218 

P29 

0.3871 

Q68 

0. 0/3 8 

Q09 

0.4417 

Q19 

0.1654 

i 

Q29 

-- 

Q69 

0.1000 

TABLE  VII 


ANALOG  COMPUTER  POTENTIOMETER  SETTINGS  FOR  THE 
HINGELESS  ROTOR  COMPOUND  HELICOPTER  AT  221  KNOTS 


Pot. 

No.. 

Pot. 

No. 

RM 

' 

Pot. 

No. 

■ 

■ 

■ 

POO 

0.2453 

P10 

0.0805 

P20 

0.0898 

Q50 

— 

QOO 

0.2453 

Q10 

0.0012 

Q20 

0.1732 

Q51 

0.0251 

P01 

0.0103 

Pll 

0.0579 

P21 

0.0042 

Q52 

0.8980 

Q01 

— 

Qll 

0.0579 

Q21 

0.4479 

Q53 

— 

P02 

0.1667 

P12 

— 

P22 

0.5554 

Q54 

0.1400 

Q02 

0.0036 

Q12 

0.0882 

Q22 

0.3333 

Q55 

— 

P03 

0.0020 

P13 

0.0147 

P23 

0.2239 

Q56 

0.1875 

Q03 

0.0999 

Q13 

0.0137 

Q23 

0.1343 

Q57 

0.5000 

P04 

0.0962 

P14 

0.9274 

P24 

— 

Q58 

0.5000 

Q04 

0.1667 

Q14 

0.8333 

Q24 

0.0441 

Q59 

0.1500 

P05 

0.1372 

P15 

— 

P25 

0.3845 

Q60 

1.0000 

QOS 

0.5986 

Q15 

0.2193 

Q25 

0.1843 

Q61 

0.1000 

P06 

0.1392 

P16 

0.0023 

P26 

0.6356 

Q62 

— 

Q06 

0.1164 

Q16 

— 

Q26 

2.6789 

Q63 

0.1002 

P07 

0.0253 

P17 

0.4172 

P27 

0.1579 

Q64 

0.1875 

Q07 

0.0128 

Q17 

0.2420 

Q27 

0.7145 

Q65 

— 

P08 

0.0416 

P18 

0.0023 

P28 

1.4460 

Q66 

— 

Q08 

0.0416 

Q18 

0.3064 

Q23 

0.0166 

Q67 

— 

P09 

P19 

0.3004 

P29 

0.3845 

Q68 

0.0897 

Q09 

0.1481 

Q19 

0.1866 

Q29 

Q69 

0.1000 
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settings  were  obtained  by  normalizing  the  total 
derivatives  in  Tables  II,  III,  and  IV  and  then 
multiplying  the  normalized  derivatives  by  the  appro- 
priate  scaling  factors  required  for  use  on  the  Pace 
221  R  computer. 

10.3.3  Stability  Responses  of  the  Hingeless  Rotor  Com¬ 
pound  Helicopter 

The  time  history  responses  of  the  hingeless  rctor 
compound  helicopter  to  pulse  inputs  of  the  longitudinal 
and  lateral  cyclic  controls  B,c  and  A,c  respectively 
are  shown  in  Figures  3  through  8  for  the  three  flight 
speeds  considered.  The  responses  due  to  rudder  pedal 
control  8rc  were  not  obtained  because  not  enough 
amplifiers  were  available  on  the  Pace  221  R  analog 
computer  to  include  the  rudder  control  circuitry  along 
with  that  of  the  stability  augmentation  system. 

Figures  3  and  4  show  that  the  coupled  responses  due  to 
the  longitudinal  and  lateral  cyclic,  respectively, 
for  a  forward  speed  of  158  kts.  Similar  data  for  speeds 
of  193  kts  and  221  kts  are  shown  in  the  sets  of  Figures 
5  and  6  and  Figures  7  and  8  respectively.  Also  presented 
on  the  longitudinal  control  response  traces  are  the 
corresponding  flight  test  data  obtained  from  NASA  and 
later  published  as  Reference  2.  No  test  data  were 
available  for  correlation  with  the  lateral  control 
responses  at  the  same  flight  conditions  investigated 
herein.  However,  included  on  Figures  4  and  8  are 
roll  rate  responses  to  lateral  stick  pulses  obtained 
from  Reference  3  for  approximately  the  same  te^t 
conditions  as  those  evaluated  on  the  analog  computer. 

Using  the  correlation  rating  system  described  in  Section 
10.1.3,  the  responses  of  the  hingeless  rotor  compound 
helicopter  to  longitudinal  control  pulses  were  evaluated 
and  are  presented  in  Table  VIII.  Since  very  little  test 
data  is  available  for  correlation  purposes,  a  complete 
evaluation  of  the  accuracy  of  the  theoretical  methods 
for  predicting  the  hingeless  rotor  compound  helicopter 
dynamic  stability  characteristics  is  not  possible  at 
this  time.  However,  from  the  limited  correlations  shown 
in  Table  VIII,  it  appears  that  the  analytical  methods 
presented  in  this  handbook  are  also  suitable  for  hinge¬ 
less  rotor  aircraft.  The  correlation  shown  between  the 
roll  rate  data  from  Reference  3  and  the  analog  responses 
to  lateral  control  pulses  illustrated  in  Figures  4  and  8 
also  substantiate  the  validity  of  the  theoretical  methods. 
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Figure  3.  Continued 
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Figure  4.  Concluded. 
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Figure  5.  Continued. 
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Figure  5.  Concluded. 
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Response  of  the  Hingeiess  Rotor  Compound  Heli¬ 
copter  Due  to  Pulse  Input  of  the  Lateral  Control, 
A(c  =  +1”,  V  =  193  KTS. 
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Figure  7.  Concluded. 


Figure  8.  Response  of  the  Hingeless  Rotor  Compound  Heli¬ 
copter  Due  to  Pulse  Input  of  the  Lateral  Cyclic, 
A;c  =  +1” ,  V  =  221  KTS. 
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Based  on  these  correlations,  it  should  also  be  noted 
that  the  stability  methods  presented  in  this  handbook 
are  adequate  for  predicting  the  effects  of  the  stability 
augmentation  system  such  as  used  on  the  sample  hinge¬ 
less  rotor  compound  helicopter. 
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10.4  OVERALL  APPRAISAL  OF  THE  THEORETICAL  METHODS 


The  correlation  results  presented  in  the  preceding  sections 
indicate  that  the  theoretical  methods  and  procedures 
presented  in  this  handbook  are  more  than  adequate  for 
accurate  assessment  of  the  dynamic  stability  and  control 
characteristics  of  generalized  compound  helicopter  configu¬ 
ration.  The  degree  of  accuracy  obtained  in  the  final 
results  is  dependent  on  the  accuracy  of  the  available  input 
data  and  the  ability  to  theoretically  simulate  aircraft 
control  motions. 
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SECTION  II.  SAMPLE  CALCULATIONS 


In  order  to  better  illustrate  the  stability  methods  presented 
in  the  previous  sections,  a  complete  sample  calculation  is 
herein  performed  for  a  typical  single  rotor  compound  helicop¬ 
ter.  Because  of  the  inherent  complexity  of  the  computations 
pertaining  to  compound  helicopters,  the  available  test  data 
were  utilized  wherever  possible. 

The  computations  presented  in  this  section  are  performed 
according  to  the  sequence  of  operations  outlined  in  the 
previous  sections.  Specifically,  the  sample  calculations 
are  initiated  with  the  aircraft  trim  computations  followed 
by  local  and  total  stability  derivatives  and  are  ended  with 
the  solution  of  the  stability  characteristic  equation  and 
analog  computations  of  aircraft  response. 

11.1  DESCRIPTION  OF  THE  SAMPLE  COMPOUND  HELICOPTER 

The  sample  compound  helicopter  selected  for  the  computations 
is  a  medium  utility  research  helicopter  consisting  of  a  main 
rotor,  tail  rotor,  wings,  tail  surfaces,  and  auxiliary  jet 
engines,  as  illustrated  in  Figure  1.  The  main  and  the  tail 
rotors  consist  of  six  and  five  fully  articulated  blades 
respectively.  The  wing  has  an  NACA  632A4I5  series  airfoil 
section,  the  horizontal  tailplane,  a  modified  NACA  0010 
section,  and  the  vertical  tail,  a  modified  NACA  0012  section. 
The  fuselage  characteristics  derived  from  model  tests  of 
Reference  1  for  a  similar  fuselage  shape  are  presented  in 
Figure  2. 

The  fuselage  total  drag  (curve  "a")  includes  the  drag  of  the 
two  nacelles  and  supporting  pylons,  the  rotor  pylon,  main 
jet  intakes,  and  interference  drag.  Test  data  for  configura¬ 
tion  "A"  in  Section  5.3  were  used  to  estimate  the  fuselage 
lateral  characteristics. 

Although  the  aircraft  has  no  stability  augmentation  system,  it 
does  have  airplane-type  control  surfaces  integrated  with  the 
helicopter  controls.  The  applicable  integrated  control  rigging 
curves  from  Reference  2  are  presented  in  Figure  3,  4,  and  5. 

The  aircraft  operating  conditions  assumed  in  this  sample 
calculation  correspond  to  a  forward  speed  of  125  knots  or 
V0  =  221.125  ft/sec,  a  rotor  tip  speed  of  SI  R  =  66C  ft/sec 
and  a  density  altitude  corresponding  to  3,000  ft. 
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Figure  2.  Fuselage  Characteristics  for  the  Sample 
Compound  Helicopter  (/3S=  0). 
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Figure  3.  Longitudinal  Control  Rigging. 


Figure  4.  Lateral  Control  Rigging. 
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11.2  TRIM  CALCULATIONS 


The  sample  trim  calculations  for  a  single  rotor  compound 
helicopter  are  performed  using  the  analytical  procedure 
outlined  in  Section  5.1  as  follows: 

(a)  Determine  the  required  compound  helicopter  design 
parameters  as  shown  in  Table  I.  The  lift  curve  sloDes 
for  the  wing,  ow  ,  the  horizontal  tail,  aT  ,  and  the 
vertical  tail,  oVT  ,  are  obtained  using  the  methods 
in  Section  5.4. 

(b)  Determine  the  following  operating  conditions  for  the 
sample  aircraft : 

V0  =  221  ft/sec 

(ilR)F  =  660  ft/sec 

tf}R)rR=  660  ft/sec 

Vs  =  1104.4  ft/sec 

Altitude  =  3,000  f t  (  p  =  0.002176  slug/ft3) 

Then  compute 


40  z  T  PVc2  =  x  (221)2  =  53.2  lb/ft2 


H-  f 

(Mt)f 


Vo 

02R)f 

V0+(&R)f 

Vs 


=  0  335 

ms  ■ 

-  221  +  660 

"  1104.4  ' 


0.798 


(T.FJf  =  [ 

Mtr  = 

-- 


p  TT  R2  (ilR)  2  jF 

VP  =  221  = 
<«R)tr  660 

Vq  +(ilR)  -j-ft 

Vs  =  ' 


=  0,002176  x  3.14  x  31 

x  6602  =  2.86  x  106 
0.335 

iiL_L_660  _  o.798 
1104.4 


2 

lb 


(T.F.)tr-  [p  ttR2  (X1R)2]tr  =  0.002176  x  3.14  x  5.172 

x  6602  =  7.95  x  104  lb 


DESIGN  PARAMETERS  FOR  THE  SAMPLE  COMPOUND  HELICOPTER 


£Tp.  =  I  (960)  =  1920  lb 

i  =  !  i=l 

(c)  Obtain  fuselage  lift  and  drag  coefficients  for 
Q r js  =  2-5°.  This  angle  is  chosen  after 
examining  the  operating  conditions  in  step  (b) 
in  order  to  reduce  the  number  of  iterations 
required  for  convergence  to  trim. 

Using  Figure  2,  of  Section  11.1  for  aFUS  ~  2.5°, 
obtain 


CL  _  =  -0.006  (hub  and  nacelle  lift  are 

negligible) 


Cn pi ic  =  0.349  (includes  auxiliary  jet  nacelle 

drag) 


Using  the  values  for  AzF„s  and  AXfu5  from  step 
(a)  and  q0  from  step  (b),  compute^ 


L-fus  =  CUFusqo  AzFUS  =  “0.006  x  53.2  x  276 

=  -88.1  lb 

Orus  =  0oFuSqo  AxFUS  =  0.349  x  53.2  x  95 

=  1763  lb 


Also,  from  rotating  hub  test  data  conservatively 
estimate  the  hub  drag  as 

_2aai_  =  7  £t2 

Qo 

Include,  this  hub  drag  in  the  total  fuselage 
drag  estimate,  thus: 

0FUS  =  Dfus  +  0 hub  =  i263  +  372  =  213j  lb 
tot 


n.2-4 


(d)  Using  the  values  of  the  wing  and  horizontal  tai 
from  step  (a),  calculate  the  first  approximatio 
wing  and  tail  lift  and  drag  forces  by  initially 
the  interference  angles,  e  >,  thus: 

aw  =  (aFus  +  +  -  ew ) 

=(2.5  +  0)  +  (0  -  0)  =  2.5°  =  0.0436  rad 


C(ow  =  -2,8°  =  -0.0489  rad 


CLw 

Lw 

CDW 

Dw 


=  ow(aw-a0w)=  4.83(0.0436+0.0489)  =  0.447 


=  Clw  Q0 =  0.447  x  53.2  x  170  = 

r  2  2 

IV  i  ^  0.447 

=  lCd0  +  tt/R  Jw=  °*01  +  3.14'x  6.04 

=  Cowq0Sw=  0.0205  x  53.2  x  170  = 


4040.5  lb 

=  0.0205 

185.5  lb 


aT  =  (aFUS  +  €FUS)  +  (iT  -  cr) 

=  (2.5  +  0)  +  (0  -  0)  =  2.5°  =  0,0436  rad 
atoT  =  0°  =  0  rad 


CLt  =aT(aT-a0T)=  4.42(0.0436  -  0)  =  0.193 


lt 

Cdt 

Dt 


=  CLt q0  ST  =  0.193  x  53.2  x  76.2  =  781.7  lb 


=  °*01  +  •—  =  °-0122 
L  ao  7r  /n  Jy  3.14  x  5.Jt 


=  Cdt9oSt=  0.0122  x  53.2  x  76.2  =  49.6  lb 


parameters 
;  of  the 
neglecting 
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For  this  sample  aircraft,  allowance  must  be  made  for  the 
lift  forces  generated  by  the  large  pylons  and  stub  wings 
supporting  the  nacelles  of  the  auxiliary  propulsion  units. 
The  pylon  drag  is  included  in  the  total  fuselage  drag 
curve  shown  in  Figure  2  of  Section  11.1.  Using  the  stub 
wing  parameters  presented  in  Table  I,  calculate  the 
additional  lift,  thus*. 


sw  =  °swQfus  Q0  Ssw 


=  2.39  x  2.5  x  53.2  x  72.75  =  403,2  lb 

- - 


(e)  Calculate  the  first  approximation  for  the  main  rotor 
lift  and  drag  forces,  thus: 

n 

Lp  5  W  -  Lpys  -  Lw  -  Lsw-  1_t  "  Z  Tp,  sin(ip,  + apUS) 

=  18900  +  88.1  -  4040.5  -  403.2  -  781.7 

-  1920  sin  ( 6°+2 .5°)  =  13478.9  lb 

n 

Op  1  -  0p^  -  Dw  -  Dt+  2]  Tp|  cos  (ipf  +  apyS) 

=  -  2135  -  185.5  -  49.6  +  1920  cos  <6°+2.5°) 

*  -  471.4  lb 

Calculate  the  corresponding  lift  coefficient  for  the 
first  approximation,  thus: 

-  13478 . 9  =Q  Qsl2 

v  cr  F  L  (T. F. )<r Jp  2.86x10  x0.092 

(f)  Using  Section  5.8  or  the  pertinent  test  data,  obtain  the 
following  downwash  interference  factors 
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=  1.00 


KPfus 
KFw  =1.08 


(KFt  +  KWt)  =  (KF7r  +  KWtr)=  3.112 


Then  compute  the  downwash  interference  angles  eF(jS ,  ew  , 
ij  ,  and  «TR  respectively,  using  the  value  of  {t^/ a)? 
from  step  (e)  thus: 


■  FUS 


la,  CL\„,1  ,  T  0.092  x  .0512  x  57.3  1 

-  K»us  [  )57-3J  ■  - ?.  X  0.3352 - J 

=  1.00  [ 1.20  ]  =  1.20° 


Hence . 


«w  =  1.08  x  1.20  =  1.30° 
tT  =  t'TR  =  3.112  x  1,20  =  3.73° 


(g)  Using  the  downwash  angles  obtained  in  step  (f), 
calculate  the  better  approximations  for  wing  and 
horizontal  tail  angle  of  attack  and  the  corresponding 
forces,  thus: 


°W  =  (aFUS  +eFUS^  +  (iw -ew) 

='’2,5  +  1.2)  +  (-1.3)  =  2 . 'l0  =  0.0419  rad 
a0w  =-2.8°  =  -0.0489  rad 

CLw  =aw(aw-a0w)=  4.83(0.0419  +  0.0489)  =  0.438 
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Lw  =CLwq0Sw  =  0.438  x  53.2  x  170  =  3964.1  lb 
2  2 

cdw  =[cdo+Sr]w^0-01  +  =0-0201 

Dw  sC0wqo  Sw  =  0.0201  x  53.2  x  170  =  181.96  lb 
aT  ‘(Qfus  +  *fus)  +  (*t-£t) 

-.(2.5  +  1.2)  +  (-3.73)  =  -O.Q3r  =  -0.00052  rad 


a«T  =0 

CLt  =aT(aT-aoT)=4.42  (-0.00052)  =  -0.00229 


l-T  =CLt  q0  ST  =  -0.00229  x  53.2  x  76.2  =  -9.3  lb 


Cdt 


=0.01 


( -0. 00229)2 
+  3.14  x  5.26  = 


0.010 


Dr  =CDTq0  ST  r  0.0  1  x  53.2  x  76.2  =  40.54  lb 


The  value  of  the  stub  wing  lift  remains  unchanged. 


l_sw  =403.2  lb 

(h)  Calculate  the  second  approximation  for  the  main  rotor 
lift  and  drag  forces,  thus: 


Lf  =  W  “Lfus  -  Lw  -  l_sw  -  Lt  -  £  TP|  sin  (ip,  +  aFUS) 

=1^900  +88.1  -3964.1  -403.2  +9.3  -1920sin( 6°+2 . 5° ) 
=14,346.3  lb 


Dp  =  ” Opus  "Dw  ~  Dt  +  Z  ^"pj  cos(iKj  +  Opus) 

=  -2135.2  -181.96  -40.54  +1920cos(6°  +2.5°) 
=  -458.8  lb 


Also  compute  the  corresponding  rotor  lift  and  drag 
coefficients 


( 


i,. 

cr  'f 


L 

(T.F.)cr 


A  -M_ 

1  0-  V  L(T.F.)o- 


14 . 346.3 _ 

2.86  x  10^  x  0.092 

-458.8 _ 

2.86  x  106"  x  0.092 


=0.0545 

=  -0.00174 


(i)  Calculate  the  chart  values  of  rotor  lift  and  drag 
coefficients  corresponding  to  a  rotor  solidity  of 
cr  =  0.1  using  the  methods  in  Reference  1  ,  thus: 


(Ac*)  =0-  -0.1=  0.092  -  0.1  =  -0.0C8 
r 

[(—)]  =(-^-)  =  0.0545 

L  cr  FJ0|  cr  F 


=  -0.00174  +  2(0°335)2(0'°545)2  =  “°-00166 


n  i 


LS. 

cr 


Act  ,  C, 


2u‘ 


r  1  n 

(£> 

cr 


(  j)  Using  the  values  of  [C C L'/cr )p]0 ,  .  [( Co/o-)p]a)  from  step 
(i)  and  #iF  ,  i  Mtf  from  steps  (a)  and  (b),  enter 
Figures  25  ana  28  of  Reference  1,  and  by  interpolating 
to  the  desired  value  of  [( CL' /cr  )F]0|  obtain  the  first 
approximations  for  the  following  main  rotor  trim  para¬ 
meters: 


-6.57 


o 


-0.1147  rad 
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alp  =  4.25°  =  0.0741  rad 


(CO)  s  0.00256 
cr  f 


\F  =  “0 . 0443 


Note  that  o0f  ,  b|F  ,  and  (  6y 5>F  ,  need  only  be  calcu¬ 
lated  after  final  trim  has  been  established. 


Calculate  nuin  votor  angle  of  atrack  (  aCp  )  and  rotor 
torque  (  QF )  as  follows: 


acF  =  [<ac>a.i  +f^(^)]F 


0.008 


=  -0.1147-  ^(» q  ^3  x  0.0545=  -0.1166  rad  =  -6.68 


Qf  =r^*(T.F.)o-R| 
l  cr  jf 

=  0.00256  x  2.86  x  106  x  0.092  x  31  =  20,812  ft-lb 


Using  the  previously  determined  downwash  interference 
factors  from  step  (f),  compute  the  new  downwash 
interference  angles  eFUS  ,  ew  ,  eT  »  and  €tr 
respectively,  using  the  value  of  (  CL'/cr  )F  from  step  (h) 


Thus : 


lK^s[  2T^fnr(^L)(57'3)] 

1  oo  r 0.092  X  0.0545  x  57.3 

L  2  yCO.335)^  +  (-0,0443)' 

--1.00  [  1.28  ]  =  1.28° 
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Hence , 


«w  =  1.08  x  1.28  =  1.38° 

€t  =  €td  =  3.112  x  1.28  =  3.98° 
'T  'TR 


(m)  Using  the  design  parameters  and  the  initial  trim  values 
obtained  in  the  step.',  above,  determine  the  relationship 
between  aFUS  and  CMFy,  as  follows:  First,  calculate  the 
hub  pitching  moment  by  the  following  steps 


B|f  *  (apus  +  «fus)  ~  F  +  1 F 


=2.5  +  1.28  +  6.68  -4  =  6.46°  =  0.1127  rad 


The  hub  moment  due  to  rotor  control  forces  i s  then  ob¬ 
tained  from 


M 


HIJ8  " 


2 


Jf 


1.05  x  6  x  92 „ 93 
- 2 - 


(0.0741  ••  0.1127) 


=  -5124.4  ft-lb 


Since  the  fuselage  pitching  moment  curve  does  not  in¬ 
clude  the  pitching  moment  due  to  drag  of  the  rotating 
hub,  this  contribution  must  be  precomputed  and  in¬ 
cluded  in  the  computations,  thus: 


-iZFDHUB  1  6.91  x  372  =  2570.5  ft-lb 
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The  normal  force  at  the  intake  of  the  auxiliary  jet 
engines  is  estimated  from  Section  5.7  as 


N 


Np,  = 

I  i 


15.6  x  1.92  r  30  lb 


because  of  the  length  of  the  expression  reltting  aFUS  and 
CMfu5  calculace  the  numerator,  NUM  ,  and  denominator .DEN  , 
separately  as  follows: 


NUM  =  ^xK*-F-^ZFDF  +  iXwLw-/^ZwDw  +  ^XswLsw  +  ^xTLT 
-^ztdt  +  IjTpi^pT-gNp.ip.  XZpN  +  ^NPi4pN 

~  ^Zf  ^HUB  +  ^HUB  +  ^Mfus  ^Xpus^FUS 

=0.47x14346.3  -  6.91x458.8  -  0.29x3064.1  +  1.25x 
181.96  +  3.5x403.2  +  35.7x9.3  +  0.77x40.5  +  2x960x 
2.98  -  2x30x0.104x2.68  +  2x30x5.75  +  25  70.5  -5124.4 
+  53.2x68x56.5  x 
=  7953.09  +  204390. 56CMfuS 


DEN  =  -UZL  +^xD}f  -(J(ZL  +XxD)w  ~(XZL  +Xx  D)T 


=6.91x14346.3  *  0.47x458.8  +  1.25x3964.1 
+  0.29x181.96  -0.77x9.3  +  35.7x40.5 
=105795.15 

Then 

„  .  NUM  _ 

aFU5  '  QEN  «FUS 
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aFUS 


7953, QQ  +  204390.56  CMp„s 
105795,15 


1  .28 
5  7 . 3 


:  0.0529  +  1.9319CMfijs 
aFus°  "  3.03  +  110.70CMfus 


Superimpose  the  linear  relationship  between  CmFUSu  anc*aFus 
from  the  above  equation  on  the  experimental  fuselage 
pitching  moment  curve  CMfuS  vs.  at F us  as  shown  in  Fi0ure  1. 

If  the  two  curves  intersect,  the  point  of  intersection 
yields  the  new  fuselage  trim  angle  for  each  successive 
iteration.  The  final  trim  point  is  obtained  when  the 
calculated  linear  curve  of  CMf(JS  vs.  aFU|  intersects  the 
experimental  curve  at  the  same  trim  angle  of  attack,  aFUs  > 
for  which  the  last  iteration  was  performed.  If,  as  in 
this  example,  no  intersection  is  obtained,  use  better 
judgement  in  selecting  a  more  appropriate  initial  value 
of  aFuS.  Since  the  calculated  value  of  CMfr(jS  correspond¬ 
ing  to  the  initially  assumed  aFUS=  2.5  is  too  low,  an  in¬ 
crease  in  aFUS  is  indicated. 

Therefore,  for  the  second  iteration  choose  a  trim  angle 
of  attack 

aFUS  =3.0°  =  0.0524  rad 


(n) 


Using  aFUs  =3  ,  enter  the  fuselage 
Section  11.1  and  Figures  5,6.  and 
obtain  the  following  longitudinal 
tics 


charts.  Figure  2  of 
11  of  Section  5.3,  and 
fuselage  characteris- 


lfus 

= -0.004 

^  *FUS 

=0.0049 

°FUS 

= 0.350 

t'*-FUS 

s -0.0019 

mFUS 

. 0.030 

Uhfus 

=-0.0075 

11.2-13 


Experimental 
Initial  Iter 


Pitching  Moment  Data. 


Then  compute  the  corresponding  fuseiage  forces  and 
moments,  thus: 


i-Fus  =  ClfusQo  azfus  =-0.004x53.2x276 

=-58.733  lb 

Dfus  1  ^DpUSQoAxF*s  =0.35x53.2x95 

=1768.9  lb 

MFur  =  CMFUSq0AXFuSXFUS  =0.03x53.2x68x56.5 

=6131.83  ft-lb 

Yfus  =  ^yfus  ayfus  =0.0049x53.2x388 

=101  lb 

£fus  5  C«fusqoAXfus^fus  =-0.0019x53.2x68x56.5 

=388  ft-lb 

Nfu5  =  CNpusa0  AXfu.XF0S  =-0.0075x53.2x68x56.5 

=-1532.96  ft-lb 

Using  the  values  of  NFUS  from  step  (n),  and  QF  from 

step  (k),  determine  tail  rotor  thrust  and  tail  rotor 

lift  coefficient,  thus: 


+  Qf  -1532.96  +  20811.79 


£)  =r _ 

.(T.F.)ctL  7. 


535.52 _ 

95  x  104  x  0.188 


535.52  lb 

0.0358 


With  ,:he  values  of  $iTR  ,  /j.tr  .  and  MTtr  f rom  steps  (a)  and 
(b)  ,  (Cl7ct)tr  from  step  (o).  and  (ctc)7R=  0.  enter  the 
appropriate  performance  charts  of  Reference  1  (interpo¬ 
late  between  the  charts  if  necessary),  and  obtain  the 
following  tail  rotor  parameters: 


0.00247 


=0.00096 


\TR  =  0.00576 


(075)  *  2.1°  =  0.03364  rad 


Then  compute 


(£fi)  +  Aa(£u2' 

'ff'TR  ilff'ai+  J, 


=  0.00247  + 


=  0.00297 


(0.1.88  -0. 1)(0.0358)2 
2  x  ( .335  )2 


L  Jtr 

= 0.00297x7. 95x104x0. 188  =  44.39  lb 

=  [-^-(TF.)o-r] 

L  J7R 


=0.00096x7.95x104x0.188x5.17  =  74.13  ft-lb 


(q)  From  the  trim  values  obtained  in  the  steps  above,  deter 
mine  the  new  lifting  surface  characteristics  as  follows 


aw  =  qfus  +  €fus  +  'w  "€w  '“a°w 


=  3  +  1.28  +  0  -1.38  +  2.8  =:  5.7°  =  0.0995  rad 


clw  :°waw:  4.83  X  0.0995  =  0.480 


C0W  r  Cdo  +  t 


-  0. 


01  +  - =  0.0222 

3.14  x  6.04 


Lw  =CLwq0Sw  =  0.480  x  53.2  x  170  =  4343.7  lb 
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Dw  Sw  ::0. 0222  x  53.2  x  170  =  200,3  lb 

aT  =  aFUS  +  €FUS  +  'T  “fT  “  aoT 

= 3  +  1.28  +  0  -3.98  -0  =  0.30°  =  0.00521  rad 

Using  a  trim  value  of  B(f.  from  step  (m).  the  elevator 
angle  n’hich  is  coupled  with  B|F  can  be  read  from  the 
longitudinal  control  rigging  curves  presented  in  Fig¬ 
ure  3  of  Section  11.1: 

8e  =-0.4°  =  -0.00698  rad 


Using  the  parameters  in  step  (a)  and  the  methods  in 
Section  5.6,  calculate  the  elevator  control  derivative, 
thus: 

CL3#  =  1.547/rad 

The  horizontal  tail  lift  coefficient  is  now  obtained  as 


C|_T  s  °t  aT  +  Ci§eSe 

=  4.42  x  0.00521  -1.547  x  0.00698  =  0.0122 
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Also  calculate  the  lift  of  the  stub  wing  for  the  new 
trim  conditions,  as 


Lsw  :  °sw  asw 


90  ^sw 


:  2.39  x  0.0524  x  53.2  x  72.75  =  483.8  lb 


(r)  Using  the  trim  parameters  obtained  above  and  assuming 
A|p  =  <f)  =  Ytr  =  yc  =  (3S  =  0,  the  X  and  Z  equations  from 
Section  4  are  solved  simultaneously  to  obtain  a  better 
approximation  for  the  main  rotor  lift  and  drag,  thus: 


Kj  =  Wa  -  LFUS(a  epus)  ~€w)~  l-5W(a-€Fus}- Lt(g  ~€x) 

+  Dfus  +  ^w  +  Dt  +  ^tr  "  lb  Pi  cos  ip  -NP.  sin  iPj  J 

=18900(0.0747)  +  58.7(0.0524)  -4343.7(0.0506) 

-  483.8(0.0524)  -49.6(0.0052)  +  2141.3  +  200.3 
+  40.66  +  44.39  -1920(0.9945)  +  63.7(0.1045) 

=  1694.3  Lb 


=  Dpijg (q  -  €fu<;)  +  Dw( q  - )  +  D-j- ( n  —  €■[■ )  +  Djp (q  €jR) 

+  Lfus  +  Lw  +L5w  +  Lt  +  Z  [fpj  sin  iPj  +NPj  cos  ip.  ]  -  W 

=  2141.3(0.0524)  +  200.3(0.0506)  +  40.7(0.0052) 
+  44.39(0.0052)  -58.7  +  4343.7  +  483.8  +  49.6 
+  1920(0.1045)  +  63.7(0.9945)  -18900 
=-13694.8  lb 
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W 


K(a  - K2  .  !•, 94. 3(0. 0747)  +13694.8 
l  +  a2  1  +  (0.0747) 2 


=13744.7  lb 


Df  = L  a  - K|  =  13744.7(0.0747)  -1694.3  =  -667.33  lb 


Then  obtain 


A  J&l  J_L_1 

O-  F  1  CT  VJo  i  L(T.F.)<tJf 

(£e\  _d_.]  r 

'o-'F  [(T.R)ajF 


13744.7 


2 . 86x10  xO. 092 


=  0.0522 


-700.8 


2 . 86x10x0. 092 


=  -  0.00254 


i  1 


re-  r 
[-SL  = 

fJq.i 


2^ 


=  -0.00254  +  0.008(0.0^22)  =_0. 00245 

2x(0. 335) 

(s)  Repeat  steps  (f)  through  (r)  with  new  values  of  [(CL'/cl^]0| 
and  [(CL'/cr)F]0|until  convergence  is  achieved,  yielding  the 
final  trim  values  as  shown  in  Table  II. 

(t)  Using  the  final  trim  values  from  Table  II,  calculate 
main  rotor  side  force,  thus: 

Yf  =  [(T.F.)cr  —  (""4" #.75°0+  “3"  ^.7Sbl  ~H-  ^.75bl 


3  I  3  d  I  |  d  -1 

+  “4-  *  3i  +  "6"  °o°i — 2P-^°o~H-  °oai  +  '4*M°ibi + ‘g'M  Xb,)^ 


1 


_  2 . 86xlObxO .092x5.73 


-  -|x0. 335x0. 112x0. 0497 
+  -jxO. 112x0. 0242  +  |(0.335)2x0. 112x0. 0242 
-  1x0.053x0.0242  +  1x0.0497x0.075?  +  1x0.335 

4  n  2 

x0. 053x0. 0497  -  ( 0 . 335 )2x0 . 0497x0. 0752 

+  ■4x0. 335x0.0752x0  242  -  \  ( 0 . 335 )2x0 . 053x0 . 0242] 

240.9  lb 
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(u)  From  the  rigging  curve  in  Figure  4  of  Section  11.1, 
establish  the  following  linear  relationships  between 
helicopter  and  aerodynamic  control  surface  movement: 


Sqr  s-I°+A(°f 

SoIW-a,; 

Sr°  =  3.2O-(075)T°R 

Using  the  parameters  in  step  (a)  and  the  methods  in 
Section  5.6,  calculate  the  following  control  derivatives 

^Lsr  =  (5(Lvj/q0  SVT)/(3 Sf  =  0.458/rad 

CZgo  =  d( i£w/q0Swbw)/(3SQ  =  0. 183/rad  (per  aileron) 

Then  calculate  the  lift  of  the  vertical  tail,  thus: 

LVt  5  (°vt/3s  +  CLSr  Sr)  q0  SVT 

--  (avT/3s  +  CL8J|^-(S75)TRj)q0SVT 

=  (1.84/?s  +  0.458  [o. 05584  -  0.0453])  x53.2x52 

=  13.33  +  5090. 14yGs  lb 

Also  compute  the  wing  rolling  moment,  thus 
=  “  l-w  ^Yw 
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Test  data  from  Reference  2  indicate  that  only  about  one- 
third  of  the  total  horizontal  tail  lift  is  produced  by 
the  left  tail  panel.  This  gives  rise  to  a  rolling 
moment  due  to  the  assyiumetric  tail  lift  of: 


oCt  _lt  ^yt  =  —  "3* L-t  “  yl-T  ^yTr 
ill  i 

r_  66^3_x  3.66  _  _gQt 9  ft-lb 


(v)  It  is  convenient  in  this  case  to  represent  the  lateral 
fuselage  characteristics  for  fuselage  shape  "A”  in 
Section  5.3  in  the  form  of  linearized  equations  as  a 
function  of  aFUS  and  (3S  ,  thus: 


Cyfus  =  °-004  +  0.0201aFUS  -  0.212^s 
CNfus=  -0.0041  -  0.067aFUS  -  0.333/Ss 
CiFuS=  -0.0018  -  0. 372 /3S 
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(w)  Using  the  above  trim  conditions  solve  the  sideforce, 
rolling,  and  yawing  moment  equations  from  Section  4, 
making  the  usual  small  angle  assumptions  and  obtain 
£s  .  A|F ,  and  < fi  ,  thv.r* 

Y=  [(LF  -  Yf  A,f  )aF  -  Dpj/Jg  +  Lf  A,f  +  YF  +[LpusaPus-  DFusj  /3S 

+  ^yfus  «o  ^yfus  +  [*-waw  ~  j/3s  +  [LTaT  -  DT  j/3s  -  Ly7 

-  Dtr/3s  +  Ttr  +  W0  =  0 

Y  =  [(13746. 6-240. 9Al(r)  x  0. 0703+682 . 6]/?$ 

+  13746. 6A, F  +  240.9  +  [-70.5x0.0489  -  2136. 2]£s 
+  [  0.004  +  0.0201x0.0489  -  0 . 212/3S]  x53 . 2x388 
+  [4194.3x0.0472  -  192 . 9 ]/Qs  +  [66.3x0.0037  -  40.6]/3s 

-  13.33  -  5090 . 14/3S  -  51.3/9S  +  643.8  +  18900  0 

=  -  10044.  2/3s  -  16.9AIf/9s  +  13746. 6  A,p  +  973.9 

+  189000 

1, s  [(-LFa  +Df)/3s  -  Lf  A,f-  Yf  j  AZf;  -  Lw  XYw  ~(Lwa  -Dw^zw  £s 

-LT^yT~(LTaT"  Dt  )XZt/3s  +  Lvt  ^2vt  ~  ^ytr  qtr 

2 

-(Ttr-  Dtr/3s)^ztr  +  CJHfus%AXfus  ^-uS  +[  eb^  b,+  A,  )]p  =  o 

X=  [(-  13746.6x0.0703  -  682.6  )/3s  -  13746, 6AI|S  -  240.  Qj 
x(  -6.91)  -  1848  +  105 923A,f  -  (4194.3x0.0472  -192.9'. 
x(-1.25)/3s  -  80.9  -  (66.3x0.00366  -  40 . 6 )  ( -0.  77  )/&. 
-(13.33  +  5090. 14/3S)(  3.14)  +  51.3x2x0.00366 
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+  (643.8  -  51 . 3/3s  )( 7 .31)  +  (-0.0018  -  0.0372/?s  ) 

2 

x53. 2x68x56. 5  +  1«-Q5x|x92 . 93( 6|£)  (0.0242  +  Alp  ) 

=  -12603. 5/3s  +  333806. 5Alp+  7239.5 

N  -  L  p  atp  -  Dp )  /?s  +Lp  A)f.  +  Yf  |  XxF+(t-waw  /^s  ~  ^yw  4^ 

+  (LTaT-DT)^XT/3s  -LrJ(yTaT-LVT ^xvt  +  ("^7r/^s  +  Ttr)^xtr 

"  Dtr-Ttr/3s  )^yTR  +  CNfus  q0  AXfus  ^fus  +  Qf  =  0 

[(13746.6x0.0703  +  682.6  )/3s  +  13746. 6AIf  +  240.9] 
xO.  466  -  (4194.3x0.0472  -  192. 9)  xO.  292/^+  (-  1848 
+  105923A,F  )xO.  0472  -  (66.3x0,00366  -  40. 6)x35 . 7/3s 

-  80.9x0.00366  +  (13.33  +  5090. 14/3S  )x34. 4 

-  (-  51.3/3s  +  643 . 8  )x36  +  (-  51.3  -  643.8/3s)x2 

+  (-  0.0041  -  0.067x0.0489  -  0. 333/3s)  x53 . 2x68x56 . 5 
+  22607.3 

=  109705. 3/3s  +  11409. 9A,f  -  1693.2 

Solve  for  AtF  in  terms  of  /3S  from  the  yawing  moment 
equation,  thus 

A,f  -  -  9.615 (3S  +  0.148 

Substitute  this  equation  into  the  rolling  moment  equa¬ 
tion  and  obtain  the  trim  value  for  the  sideslip  angle 

(3S  --  0.0176  rad  =  1.0C9  deg 
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Using  the  value  of /3S  above,  solve  for  the  main  rotor 
lateral  cyclic  tilt,  thus 

A,  =  -  0.0209  rad  =■  -  1.199  deg 

Substitute  the  final  trim  values  of  /3S  and  Al(r  into  the 
Y-force  equation  and  obtain  the  trim  value  of  aircraft 
roll  attitude,  thus 

«£  =  -  0,0269  rad  =  -  1.549  deg 


(x)  Finally,  using  the  lateral  trim  values  from  step  (w), 
compute  the  final  values  of  the  lateral  forces  and 
moments,  thus: 


=(0.004  +  0.0201x0.0489  -  0. 212x0. 0176 )x53 . 2v388 
=  25.6  lb 


Nfus  =  CNFusqo  A*fus  ^fuS 

=  (-  0.0041  -  0.067x0.0489  -  0 . 333x0. 0176 )x53 . 2x68x56 . 5 
=-  2706.1  ft-lb 
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£fuS=  5^0  AXFUS 

=  (-  0.0018  -  0. 0372x0. 0176)x53. 2x68x56. 5 
=  -  500.7  ft-lb 

(y)  Summarize  the  final  lateral  trim  values  as  shown  below 

ZFUS  =  “  500.7  ft-lb 
NFUS  =  -  2706.1  ft-lb 
Yfu5  ^  25.6  lb 
L  vt  a  103  lb 

Dvt  =  28.4  lb 

£  :  -  1.544°  =  -  0.0269  rad 

A,  =  -  1.199°  =  -  0.0209  rad 

0s  z  1  009°  =  0.0176  rad 

Yf  =  240.9  lb 
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11.3  STABILITY  DERIVATIVES  FOR  THE  SAMPLE  COMPOUND 
HELICOPTER 


The  stability  derivatives  for  a  compound  helicopter  are 
evaluated  utilizing  the  analytical  procedure  outlined  in 
Section  7.  These  derivatives  are  computed  at  the  trim 
conditions  obtained  in  Section  11.2.  Although  no  Mach 
number  corrections  are  required  for  this  sample  case,  the 
main  rotor  derivatives  are  corrected  for  solidity  and 
twist,  and  the  tail  rotor  derivatives  are  corrected  for 
solidity  using  methods  and  charts  presented  in  Reference 
1.  The  stability  derivatives  for  the  sample  compound 
helic  opter  are  computed  for  six  degrees  of  freedom  of 
aircraft  longitudinal  motion,  as  shown  on  the  following 
pages. 


11.3.1  Front  Rotor  Isolated  Derivatives 

(a)  Obtain  the  required  front  rotor  trim  parameters 
from  Section  11.2. 


H- 


cr 


Lf 

^F 


=  0.335  Mt  =  0.8  0,  =  -4° 


=  C. 092 

T.F,  = 

2.86 

x  lO^ilR  =  660  ft/sec 

=  0.0522 

#> 

=  -0.00259 

=  13746.6 

lb 

df 

=  -6S2.6  lb 

=-0.05303 

»75f 

=  6.4°  =  0.1118  rad 

=  0 

«F 

=  0 

(b)  Using  the  trim  values  from  step  (a),  enter  the 

isolated  rotor  derivative  charts  given  in  Section 
7.5  and  read  off  the  following  nondimensional 
isolated  rotor  derivatives  for  the  front  rotor: 
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(i)  i£ 

-Derivatives 

= -0.0746 

0.1 

[(#i: 

= -0.0060 

0.1 

[(^’j 

=  0.0426 

0.1 

0.1600 

-0.1010 


(ii)  ac  -Derivatives 

((■ 

*&l 

ddc  'F-lo 

=  0,0480 

.1 

[(a?  Ur -0-00781 

'(3oj  1 

L  oac  f-Io.i 

=  0.0257 

i 

fel  s0-189n 

[&l 

=  0.2700 
l 

(iii)  6j5  -Derivatives 

The  6. 75  -derivatives  are  not  required  for  this 
analysis  since  the  collective  pitch  contr.tl  of  the 
main  rotor  remains  fixed. 


(c)  Estimate  the  effect  of  -4°  of  blade  twist  on  the 

isolated  derivatives  using  data  of  Reference  1  and 
add  these  correction  factors  to  the  isolated 
derivatives  computed  in  step  (b),  thus: 


( i)  jj.  -Derivatives 


-0.0746  +  0.0053 


-0.0693 
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0.0200  +  0.0033  =  0.0233 

-0.0060  +  0.0005  =  -0.0055 

0.1600  -  0.0090  =  0.1510 

0.0426  -  0.0068  =  0.0358 

-0.1010  -  0.0060  =  -0.1070 


(ii)  ac -Derivatives 


(d) 


0.4210  +  0.0020  =  0.4230 
0.0480  -  0.0070  =  0.0410 

-0.00781  +  0.0022  =  -0.00561 

0.0257 

0.189 


=  0.270 


No  Mach  number  corrections  are  required  for  this 
main  rotor. 


(e)  Using  the  solidity  corrections  given  in  Subsection 
7.4.1,  correct  the  fj.  -derivatives  obtained  in  step 
(c)  to  the  correct  rotor  solidity  of  a  =0.092.  thus: 


A  ay  =  crF  -  0.1  =  0.092  -  0.1  =  -0.008 
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K,  -- 


+K^  i 

[2^  \dac  'O.i Jf 


i  0.008  v 

X"  2(0. 335)2  0,423 


=  1.015 


r*%>i  ,  rr^'i  .  ao-a'  r*l>i  i 
la7VK  V^’L^TJo,! 


=  1 


.015  |  -0.0693  -  0.008x0.0522x0.4230 


(0.335)' 


} 


■0.0751 


Similarly,  for  the  remaining  /i  -derivatives  obtain 


ax 

( d/jL  'f 


0.0235 

0.1510 


-0.1110 


-0.00551 


(£^i)  ,  0.0332 

OjJ.  F 


Finally,  using  the  fully  corrected  f±  -derivatives 
from  above,  and  the  trim  parameters  from  step  (a), 
calculate  /a)  /  using  the  expressions  in 
Subsection  7. 5. 1.7  as  follows 


<^> 

Of! 


E21, 


2  L  2 


i  ax  i 

3  a^j 


9.78  f 0.1118  x  0,335  O.lll' 
2  2  3  . 


=  -0.0890 
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z  W-'t-'*  )-  T/*i9.75+2Mj 

do,  r  ,  1  2  i  ] 

7/7  L°°  7  _/i  +  T^h'J 


0-  IVy  +  i'*’1  +X(T  +  ?**>  +  T* 0|] 

0  [b'(f  +i^2,-f  /i0°] 

-i-b,[/i(3975+X)  +  oj-  o0[-|-S75  +f'X_2<liai]}F 

| -0.089  £  0.0752(1  -  0.3352)  -  3x°-335 
x(0. 1118  -  0.1061)  +  0.1511^  0.0497(2- 

-  0.3352)  +  0.335x0.0242  j  +  0.0332  ^0.1118 
x(l  +  2x0, 3 35 2  )  _0>053(2  +  0.335^ 

+  0.335x0.0752  1  _  O.U08  f  0.0242(1  ^-Q.^3.35,2) 
4  j  L  4  8 

.  3x0^335x0.0497  j  +0. 00605  [  0.335(0.335 

-  0.053)  +  0.0752  J  -  0.0497  l?35 

-  -?y.P-f°53  -  2x0. 335x0. 0752J 
0.0073 
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(f)  Using  the  solidity  corrections  given  in  Subsection 
7.4.2,  correct  the ac-derivatives  found  in  step  (c) 
to  the  correct  solidity  ofa=  0.092,  thus: 


r 1 

L^ac 


■ 

-F 


1  K, 


'A 

W  If. 


oi 


1.015  x  0.423  =  0.430 


Similarly,  for  the  remaining  ac -derivatives  obtain 


r<*$)i 

=  0.0432 

[-W  =  0.00571 

L^ac  - 

F 

L  dote  Jf 

dacF 

^  =  0.1920 

=  0.0261 

=  0.2740 

Finally,  substitute  the  fully  corrected  values  of 
the  ac  -derivatives  from  above  and  the  trim  par¬ 
ameters  from  step  (a)  into  the  expressions  in  Sub¬ 
section  7. 5. 2. 7  and  obtain: 


0.00295 


(g)  Using  the  equations  of  Subsection  7.3.1  arid  the 
values  obtained  in  steps  (a),  (e).  and  (f)  above, 
calculate  the  following  main  rotor  dimensional  de¬ 
rivatives: 


(  i )  up  -Derivatives 


duF 

dA 

duF 


(TK.)o- 

HR 


u# 


f  (TF.)cr]  rd|j°)- 


£2R  JfL  dp 


CJ 


‘(T. Fieri  f^£) 

.  ttR  JfL  dp 


--  390(  -0.0751) 


.=  390  v  0.0235 


--  300  x  0.0073 


-30.0  lb-sec/ft 


9.39  lb-sec/ft 
2.91  lb-sec/ft 


dQp 

duF 

^Qip 

(5uF 


S  f^lf^r]p  =  i2366x(-°-0055l)  *  -68.1  lb-sec 
’’  'ITrV^^SSo*0-151  =  °*000229  rad-sec/ft 


0.0000503  rad-sec/ft 


=1.3268  x  105 

^mhubf  reb£2ZM«l  da 

duF 

1  2  Jf  'JT'f 

=1.3268  x  10^ 

(ii) 

d£  - Derivatives 

dLp 

daF 

1  [,tfH[^L 

x  0.0000503  =  6.67  lb-sec 


x  0.000229  =  3C.-V  lb-sec 


=  ;6.J3  x  104  y  0.430  =  11. 32  x  104  lb/rad 

^Dp  r 

3?  =  (,tfH[^L 

=26.33  x  10^  x  0.0432  x  1.14  x  LO^  lb/rad 


drF 

daF 


dQp  r  ,  f(3(— 

55T  =f,T^Rife 

.«.16*10V -0.00556)  .  -4.619x10^  ft-lb/rad 


■  [,tfHL 


c ' 

<?Ct, 


=26.33  x  104  x  0.00295  =  777  lb/rad 


d[^ 
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337  =  *5^V  =  0-0261 

<3b,  (3b, 

337  =  W* =0-192 

&hubf  _  rebfl2Ms]  3bip 
^  L  ^  Jf  daF 

-- 13. 2688  x  104  x  0.192  =  2.55  x  104  ft-lb/rad 
^mhubp  febIi2Ms]  do,F 

3 77“  =  l^JrW 

=13.2688  x  104  x  0.0261  =  3462  ft-lb/rad 


Ciii)  /3g  -Derivatives 


o  o,p 

Ms 

db,F 

aoF 

Mr 


b,  =  0 . 0242  rad 


-a,F  -  -0.07521  rad 

dQF  da,*  dQp  dbjF 

V'^)+W 

r  d0F  duF  da,.  i  r  dQF  duF  db,  -i 

+ LW11 W3S1. 

(-68'1)  (-0-0^0220  )  (0'°H 

+  fc-67.8)7 - - -  (-0.07521)1 

L  \ 0. 000G503/  J 


=  -5927  ft-lb 


di-HuBp 

d^HUBp 

MT 


:  ~  Mhubf  ~  8013  ft-lb 


=  Xhub.  =  W4  ft-lb 
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( iv)  q  -Derivatives 

(3  a, 


J'F 

3b|F 

5T 


3gi 

~(3q 

3b 

5  (rl 


V-; 


34 


y£i(  1.883 


[  1883 


'3q>' '  '  L  n  (1.883 +  /i2)J 


:  -0. 0422  /sec 

-0.04432  /sec 


(v)  p  -Derivatives 

3o,f  3o 

3p 


,  '  r  1883 

'  3p  V"lii(|.883-/iz) 


3b,F 

Jp- 


*  (3pV ”[yfl(  1.883  +^2)]f=  _n* 


=  0.04994  /sec 
.F 

08183  /sec 


(vi)  r  -Derivatives 


3  a,  3a,  3o|F  3cj,  u 

3r  ''srV-gjrVW'  00238 


/sec 


3b,c  3b, 


3T  %m'  °-o332<@  =  °-oo°32  /~c 


(vii)  Q|p -Derivatives 


3Lf 

3  Dp 

3vf 

3oic 


^  :  ~ DF  =  683  Ib/rad 


=  LF  =  13747  lb/rad 


=  0 


Co 

+I^)  +  ?/‘X]f=  -°-037“7  «d 


iO,  i  i  fdi/) 

55T.  =[(TF|<rRilaT' 


i  -i 


=  (8.16x10  )x(-0. 03747)  =  -305811  ft-lb/rad 
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b|F  -Derivatives 


(viii) 


dLF 

j—  -yF  =  -241  lb/rad 

aDF 

ab,F  ' 0 


av> 

3b^  =  LF  =  13747  lb/rad 


-0.00240/rad 


=  8. 16x106x( -0.00240)  =  -1.96xl04  ft-lb/rad 


11.3.2  Tail  Rotor  Isolated  Derivatives 

(a)  Obtain  the  following  tail  rotor  trim  parameters 
from  Section  11.2. 


(i  -  0.335 
o-  --  0.188 


0,  =  0° 


Cl' 

HH  = 

cr  tr 


TtR  = 


0.0431 

643.8  lb 


^TR  = 


Krtr  +  Kwtr  = 


-0.00658 

3.112 


Mt  =0.8 

T.  F  =7.95  x  _04 

XiR  =  660  ft/sec 

C  1 

(-^  =  0.00343 
cr  'tr 

Dtr  =51.3  lb 

Q7.  -.2.6°  =  0.0453  rad 

'  3TR 

€T9  =  3.82° 
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(b)  Using  the  trim  values  from  step  (a),  enter  the  iso¬ 
lated  rotor  derivative  rharts  given  in  Section  7.5 
and  read  off  the  following  nondimensional  isolated 
rotor  derivatives  for  the  tail  rotor. 


(i)  jj.  -Derivatives 


=  0.0511 

\(<L)  1  :  -0.00689 

L \OfJi  /trJo.i 

(ii)  <*c  -Derivatives 


-0. 0408 
.do.i 

I  =  -0.0280 

ftjo.l 

r  ^bi  i 

Wi  s0-175n 


(iii'1  875  -Derivatives 

-t 

fe5U, ■  °-9490 

A  1 

L  V<3075/TrJo  1 

=  0.0892 

r/^K  1 

rdo,  -I 

feU.,  ■  -°-0155 

L  <36»75  TRjoi 

=  1.0000 

r  <3t5,  ] 

r  ax 

feU,  =  0  1,600 

Ll307STRjoi 

;  -0.1260 

r(4°»)  i 

L\aac  /trJo 

--  0.0766 

i 

fi—i 1 

L  <jacVloi 

:  0.2410 

r  ax  i 
L(To‘ctrJoi 

=  0.2700 
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(c)  No  twist  corrections  are  required  for  this  tail 
rotor. 

(d)  No  Mach  number  corrections  are  required  for  <-his 
tail  rotor. 

(e)  Using  the  solidity  corrections  given  in  Subsection 
7.4.1.  correct  the  tail  rotor  p  -derivatives  found 
in  step  (b)  to  the  correct  solidity  of  cr  =  0.188. 
thus 


Ao"tr”0"tr  01  r  0 . 188  -  0.1  —  0,088 


K, 


1 2pz\  (5ac  /o.t  Jtr 


1  + 


Q-M8 - -  x  0.0408 

2  (0.335)2 


pi  pi 

TR  1  I 


=  0.984 


dp  J 


dp  J 


+A2L,£t-,r^n  1 

0-i  m3  o-  L(3acJo.iJ' 


TR 


=  0.984  0.0511  +|0’088  x  0.0431_x  _0 


(0.335)- 


=  0.0543 


Similarly,  for  the  other  p  -derivatives  obtain: 


L  dp  i 


= 0.0213 


TR 


da. 

d\ 

=  0.0333 

Op  tr 


■Co 


6p  J  TR 


a  '■  =-0.00911 

.  I 


'0V»  ■n-osw 
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Finally,  using  the  fully  corrected  /x  -derivatives 
from  above,  and  the  trim  parameters  from  step  (a), 
calculate  [(3  Cy'/cr)/(3 /x]jr,  using  the  expressions  in 
Subsection  7, 5. 1.7  to  obtain: 


L  dfi 


TR 


=0.00719 


(f)  Using  the  solidity  corrections  given  in  Sub-sec  cion 
7.4.2,  correct  the  ac  -derivatives  found  in  step  (b) 
to  the  correct  solidity  of  cr  =  0.188.  thus: 


0.984  x  0.0408 


0.0402 


Similarly,  for  the  remaini^Q  ac  -derivatives  obtain: 


r^r 

■ 

— 

=  0.0740 

oac  - 

TR  L 

(3o, 

<3&- 


=  0.2380 


*%>, 


(3ac  Jtr 

,i5L) 

dar  tr 


-0.0276 

0.1720 


=  0.2660 


Finally,  substitute  the  fully  corrected  ac  deriv¬ 
atives  frcm  above  and  the  trim  parameters  from  step 
(a)  into  the  expressions  in  Subsection  7.5.2. 7  and 
obtain: 


-d& 

-ddr  . 


TR 


=0.00283 


(g)  Using  the  solidity  corrections  given  in  Subsection 
7.4.3,  correct  the  8 75  -derivatives  found  in  step 
(b)  to  the  correct  solidity  of  0.188,  thus: 


TR 


=  K, 


=  0.984  x  0.949 


0.934 


Similarly,  for  the  remaining  £75  -derivatives 
obtain: 


r<^r 

.(3075  - 

TR  °*0927 

-0075 

1^-) 


(3075 TR  =  °*9120 


=  -0.2250 


JTR 


a075'TR 


-0.00523 

0.3960 


Finally,  substitute  the  fully  corrected  075  -deriv 
atives  from  above  and  the  trim  parameters  from  step 
(a)  into  the  expressions  in  Subsection  7. 5. 3. 7  and 
obtain 


r  ' 

r^i , 

.  (3  075  JtR 


0.0177 


(h)  Using  the  equations  in  Subsection  7.3.7  and  the 
values  obtained  in  steps  (a),  (e),  (f),  and  (g) 
above,  calculate  the  following  tail  rotor  dimensional 
derivatives: 

(i)  uTR  -Derivatives 


dTTR  f  (T,F.)cr 

(3ujr  .  17  R 


^Dtr  _  f(TF)cr 

(3  II7R  .  R 


\dQ-r 

.TF 

Idv.  J 

- 

c 1 

[<*#*] 

.TR 

.d/j.  . 

22.6x0.0543 

22.6x0.0213 


1.229  lb-sec/ft 


0.4820  lb-sac/ft 
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duTR 

3qTr 

dutR 


22.6x0.00719  = 

117x( -0.00911) 


0.16280  Ib-sec/ft 

=  -1.06583  lb-sec 


(  ii )  aTR -Derivatives 

dTTR  <^tr  dYTR  dQTR 

ddj  R  (3a£TR  (3ciTR  daTR 

(iii)  (Bs  -Derivatives 


aTTR 

3^7 


■a&i 


do 


TR 


a/3s 

d^TR 


:-[(TF)al  =  -f  14Q44)x0. 0402  =  -600  Ib/r.nd 

I-  JTRLdacjTR 

<3r— ) 

=-[lT.F)<rj  =  -(14944) xO.  0740  =  -1106  Ib/rad 

Cy 

-_f(Tijr)J  fe]  =  -(14944)x0. 00283  =  -42.3  lb/rad 
*■  JTRL(3ac  Jtr 


do 


TR 


d/3< 


=-[{T.F)o-r1 
L  jtr! 


=-(772l7)x(-0.0276)  =  2127  ft-lb 


BSTJ 


JTR 


rad 


(iv)  0Otr  -Derivatives 

dTTR 


^oTR 

dDTR 

^TR 

dQtR 


ITR 


■  [(T.F)trJ  ^ 


s 14944x0. 934  =  13963  lb/rad 


=14944x0.0927  =  1385  lb/rad 


JTRLd0 


75 


JTR 


= 14944x0. 0177  =  264  lb/rad 


a 


Otr 


--[(TF)o-r] 


rd(f r 

'trL^Qt-sJtR 


=  77217x( -0.00523)  =  -404  ft-lt/sec 
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11.3.3  Fuselage  Isolated  Derivatives 

(a)  Obtain  the  following  fuselage  trim  parameters  from 
Section  11.2 


Vo 

22]  ft/sec 

% 

=53.2  lb /ft 

a 

--4.03°  =  0.0703 

rad 

/9s 

=1.01°  =  0.0176 

rad 

qfus 

=2.80°  =  0.0489 

rad 

kffus 

=  1.0 

eFUS 

=1.23°  =  0.0214 

rad 

LFUS 

2 -70.5  lb 

^FUS 

=-500.7  ft -lb 

Dfus 

= 2136  lb 

Mfus 

=5355  ft-lb 

^FUS 

=  25 . 6  lb 

Nfus 

=-2706  ft-lb 

Also 

determine  the  fuselage  moments  of  inertia 

=  14920  slug-ft2 


Iyy  =  59800  slug-ft2 
\Z2  =  56800  slug-ft2 
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[  (b)  Using  the  fuselage  trim  values  from  step  (a)  above, 

enter  the  fuselage  charts  given  in  Figure  2,  Section 
11.1,  and  the  charts  for  fuselage  configuration  "A”, 


Section 

5.3,  and  determine 

dcLFUS 

0.229/rad 

^l-FUS 

--  0 

d  °f(r  uS 

dP5 

(^CdFL)s 

dotFus 

0.338/rad 

dPs 

=  0.113/rad 

^CyFUS 

0.0201/rad 

^Cyfus 

=  -0.212/rad 

^aFU$ 

d&5 

^XFUS 

o 

^C*FUS 

=  -0.0372/rad 

^aFUS 

V 

a/3s 

^  ^mfus 

0.401/rad 

^mfus 

=  0 

dotFUS 

^Cnfus 

-0.067/rad 

aCNFUS 

=  -0.333/rad 

daFUS 

dps 

(c)  Using  the  equations  of  Subsections  7.3.3  and  the 

values  obtained  in  steps  (a)  and  (b)  above,  compute 
the  following  fuselage  dimentional  derivatives 

(i)  uFUS -Derivatives 


^t-FUS 

^uFUS 

-  _2_  L  - 
V0lfus  ■ 

2( -70.5) 
221.125 

-0.637  lb-. sec/ft 

d  Opus 
^UFUS 

=  -|;0Fus= 

2(2136) 

221.125 

19.3  lb- sec/ft 

^Yfus 

<^UFUS 

=  V^yfus  = 

2(25.6) 
221.125  ' 

0.231  Ib-sec/ft 

^FUS 

=  -y-^FUS  = 
v0 

2C-500.7) 

=  -4.53  lb-sec 

^UFUS 

221.125 
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(3Mfus 

2 

^FUS  = 

2(5355) 

^UFUS 

■  =  Vo 

221.125 

^^FUS 

2 

Nfus* 

2( -2706) 

^UFUS 

'  '  v0 

221.125 

(ii) 

gfus 

-Derivatives 

d  4  FUJ. 

„  / 

^^-FUs) 

<3aFUS 

- 

A*fus  \ 

<3ttFus  ' 

48.4  lb- sec 

-24.5  lb-sec 


--  53.2  x  276  x  0.22S  =  3365  lb/rad 


=  53.2  x  95  x  0.338  *  1708  lb/rad 


aYpus  =  n  .  /aSus\ 

daFus  0  YFUS\<3aFUS  ! 

=53.2  x  388  x  0.0201  =  414  lb/rad 


<3£fuS 

^aFUS 


=  0 


=  %  axfus^fus 


=53.2  x  68  x  56.5  x  0.401  -  81961  ft -lb/rad 


=  -53.2  x  68  x  56.5x0.067  =  -13702  ft-lb/rad 
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( iii) 


Fuselage  /3S  -Derivatives 


d°FUS  /^CCrU3\ 

a/3s  -qo  **F\js{dps  I 


-  53.2  X  95  X  0.113  =  571  lb/rad 
dy™s  .  n  a  (dC^us\ 

'dks"  '  q°  AYFusVa/3s  / 

-  -53.2  X  388  X  0.212  =  -4376  lb/rad 


d^FUS 

TFT 


dMpUS 

dPT 

^FUS 

dPs 


A  A  /dC&Fus\ 

axfusafus^o  J 


z  -53.2  X  68  X  56.5  x  0.0372  =  -7603  ft-lb/rad 


Vus  ^s(aficFUS)s  ° 


=  <1 


A  f  /a-N.FUS\ 

:AXfusAfusUo  ) 


(3 /3s 

Nc 


a/3s 

53.2  x  68  x  56.5  x  0.333  =  -68160  ft-lb/rad 


11.3.4  Wing  Isolated  Derivatives 

(a)  Obtain  the  following  wing  trim  parameters  from  Sec¬ 
tion  11.2: 

V0  =  221  ft/sec  q0  =  53.2  lb/ft2 

a  s  4.03°  =  0.0703  rad 
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aw  =  2.70°  =  0.0472  rad 
Kfw  =  1.08 

ew  =  1.32°  =  0.0231 

Lw  =  4194  lb  Dw  =  193  lb 

Lw  =  -1848  +  105923Alp  ft-lb 

Alp  =  -1.2°  =  -0.0209  rad 

/  £w-_  _1848  +  105923  (-0.0209)  =  -4062  ft-lb 
aw  =4. 83  /rad 


b)  Using  the  equations  in  Subsection  7.3.4  and  the 
values  obtained  in  step  (a)  above,  compute  the 
following  wing  dimensional  derivatives: 

(i)  uw  -Derivatives 


di-w 

2  . 

2  x  4194  . 

duw 

v0L*- 

221 

-_Ld  - 

2  x  193  .. 

duw 

"  v  w" 

vo 

221 

dXw 

.  2  v  . 

-2  x  4062 

duw 

-  Vq^w' 

221 

37.9  lb- sec/ft 

1.74  lb-sec/ft 

=  -36.7  lb-sec 


(ii)  aw  -Derivatives 


diw 

awSw  =  53.2  X  4.83  x  170  =  43682  lb/rad 

daw  0 
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2  x  4194 

°w"'  3.14  x  6.04  x  4,83  "  2133  lb  rad 


dPw  2LW 

<3aw  7r 

The  lemaining  wing  derivatives  can  be  neglected. 


11.3.5  Horizontal  Tail  Isolated  Derivatives 

(a)  Obtain  the  following  horizontal  tailplane  trim  par¬ 
ameters  from  Section  11.2: 

V„  1  221  ft/sec  qo  =53.2  lb/ft2 

a  =  4.03°  =  0.0703  rad 

aT  -  0.210°  =  0.00366  rad 
+  3.112 

€j  '  3.816°  =  0.0666  rad 

Lt  =  66.3  lb  Dt  =  40.6  lb 


£t  =  -80.9  ft-lb  oT  = 4.42/rad 

(b)  Using  the  equations  in  Subsection  7.3.4  and  the 
values  obtained  in  step  (a)  above,  compute  the 
following  horizontal  tailplane  dimensional  deriva¬ 
tives: 

(i)  uT  -Derivatives 


dl-T  __2_  _  2  x  66.3 

duT  '  V0  Lt=  221 

^Dt  _  2_r  _  2  x  40.6 
<5uT  "V0L|'  221 


0.599  lb-sec/ft 
0.367  lb-sec/ft 
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r  .  -2  x  80. 9  _ 
^ - 221 - 


0.732 


lb-sec 


(ii)  aT  -Derivative e 


<jLT 

c)aT 


=  q0cTS7s  53.2  x  **.42  x 


76.2 


17918  lb/rad 


dDT 

dar 


2Lt  .  2  x  66.3 
*•(^1  1  3.14  x  5.26 


x  4.42  =35.5  lb/rad 


The  remaining  horizontal  tail  derivatives  can  be 
neglected. 

11.3.6  Vertical  Tail  Isolated  Derivatives 

(a)  Obtain  the  following  vertical  tail  trim  parameters 
from  Section  11.2: 


V0  =  221  ft/sec  qQ  =53.2  lb/ft2 

a  =  4.03°  =  0.0703  rad 


avT  =  0.210°  =  0.00366  rad 
j3s  =  1.01°  =  0.0176  rad 
Kpy7  "t  K^VT  *  3.112 
cUT  =  3.816°  =  0.0666  rad 


Lvt  *  103  lb  Dvt  =  28 lb 

Qy  j  -  1 . 84 
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n 


(b)  Using  the  equations  in  Subsection  7.3.6  and  the 
values  obtained  in  step  (a)  above,  compute  the 
following  vertical  tail  dimensional  derivatives 

(i)  uVT  -Derivatives 


dDVT  -  2 

377'"  vvT  = 


2  x  103 
221 


=  0.931  lb-sec/ft 


2  x  28.9  „ 
221 


0.257  lb-sec/ft 


(ii)  oivt  -Derivatives 


dl_VT 

dct\j  T  <3  ot  VT 


(iii) 

^*-VT 

d(3s 

(3dvt 

d(3s 


(3S  -Derivatives 


=  q  aVT$VT=  53.2  x  1.84  x  52  =  5090  lb/rad 


.  2  L 


2  x  103 


c  x  1.84  =  80.4  lb/rad 
VT  3.14  x  1.5 


3.7  Auxiliary  Propulsion  (Jet)  Isolated  Derivatives 

(a)  Obtain  the  auxiliary  jet  engine  trim  parameters 
from  Section  11.2 


V0  =  221  ft/sec  qo  =53.2  lb/ft2 

a  =  4.03°  =  0.0703  rad 


aFUS  =  2.80°  =  0.0489  rad 
aPj  =ip|+arus=  6  +  2.8  =  8.8° 
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TPi=  960  lb 


NP;=  123.3  lb 


(b)  Using  the  values  in  step  (a)  above  obtain  the  auxil¬ 
iary  propulsive  unit  derivatives  from  Section  5.7  as 
follows : 

(i)  uPj -Derivatives 

At  the  values  of  Tpj  and  V0  given  in  step  (a),  graph¬ 
ically  obtain  the  slooe  dTpydupj  from  Figure  1  in 
Section  5.7  as : 


<3Tp. 

=-0.49  lb-sec/ft 

duPi 


Also,  from  Section  5.7  for  an  auxiliary  engine 
mounted  low  on  the  fuselage,  calculate 


<3Npj  _  2  ^  A; 
<3uPj  V0 


2  sin  Qpj  -  Kpus  ( 


A 

H- 


cos  aP. 


2  x  53.2  x  7.66  f 

- 221  I2  *  °-153 

'rar  *  °-1108' *  °-998] 


1,0  x 

-  1.30  lb-sec/ft 


(ii)  Qp| -Derivatives 


<3tP| 

dap, 


=  0 


At  the  value  of  q0  given  in  step  (a),  graphically 
obtain  the  slope  <3(NP|/A,i)/<3aPi  from  Figure  2  in 
Section  5.7  as: 
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d(^>  2 

3-5?-=  1.85  lb/ft:  -deg 

OCX 


Then 


f— i  .rau 

Laa  Jp,  laaoA,J 


O/vT  1 


x57,3=  1.85  x  7.66  x  57.3  =  812  Ib/rad 


(iii)  Ps  Derivatives 


dTPi 

5/9s 


0 


From  symmetry. 


<3NP|  oNPj 

d(3s  ‘daPi 


s  812  lb /rad 
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11.4  TOTAL  STABILITY  DERIVATIVES 


The  total  stability  derivatives  for  the  sample  compound 
helicopter  are  now  easily  evaluated  utilizing  the 
analytical  procedures  outlined  in  Section  7.1  and  the 
isolated  derivatives  computed  in  Section  11.3. 

The  derivatives  thus  computed  for  the  sample  compound 
helicopter  for  six  degrees  of  freedom  of  aircraft  motion 
are  presented  in  Table  I.  This  table  also  includes  the 
control  derivatives  required  for  the  aircraft  response 
calculations . 


11.4-1 


TABLE 


0 

-10368. 

0 

0 

-18468. 

-14920. 

0 

3362. 

0 

33.043 

0 

-60.777 
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65.683 
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68359. 

-14480. 

-102610. 
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U .5  STABILITY  CHARACTERISTICS  EQUATION 


The  dynamic  stability  of  an  aircraft  is  assessed  by 
examining  the  coefficients  and  the  roots  of  the  stability 
characteristic  equations.  The  uncoupled  longitudinal 
mode  and  uncoupled  lateral  mode  characteristic  equations 
for  the  sample  compound  helicopter  are  obtained  by 
following  the  analytical  procedure  outlined  in  Section 
8.0  and  by  utilizing  the  aircraft  total  derivatives 
computed  in  Subsection  11.4. 

The  computations  of  aircraft  stability  characteristics 
involving  more  than  three  degrees  of  freedom  of  air¬ 
craft  motion  are  most  conveniently  performed  utilizing 
a  digital  or  analog  computer  program.  A  typical 
analog  computer  program  that  can  be  used  for  this  purpose 
is  described  in  Section  10. 

11.5.1  Uncoupled  Longitudinal  Mode 

11.5.1.1  Coefficients  of  the  Characteristic  Equation 

(a)  Utilizing  the  total  aircraft  stability  derivatives 
presented  in  Table  I  of  Subsection  11.4,  compute 
the  following  terms: 


G  |  =  Zw-  Mgf  -  M^-  Zq  =  (  -579)(  -59800)  =  34.6xl06 
Gg  =  Zw-Mq  +  Z^-Mq  —  MyfZQ  —  Mvy-Zg 

r  C -766) ( -59800)  +  (-579)(-126275)-(269)(127219) 
=  84.7  x  106 

G3  =  Z£MU-ZUM£=  -C  -  41 )  (  -59800)  =  -2.45  x  106 
G4  =  Z.  u  M  vr  ~  My  Z  \jf 

=  (-41)(269)-(-268X-579)  =  -0.166  x  106 
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G  c  -  Z  Vy-  M  q  -  M  w  2  Q  -  Z  Q  M  w- 

=  ( -766)  (-126275) -(-936)  (127219)-*: -1329) (269) 

=  216  x  106 

G  5  :MUZ0-ZUM0 

=  (-268)(127219)-( -41) (-126275)  =  -39.2  x  106 

G7  :Z(jMy^_M(jZyy- 

=  ( -41 ) ( -936 )  -  (-268)  (-766)  =  -0.167  x  106 

Gg  =  M(J  X  \jf  -  M  w-  X  y 

=  ( -268 ) ( -0.0413)  -  ( -936 ) ( -587 )  =  -0.550  x  106 

Gg  =  X  yf  M(j  “  Xy  Myy 

6 

'  (5 7 . 9) (  -268)  -  (-32.1) (-93 6)  =  -0.0456  x  10 

(b)  Calculate  the  coefficients  of  the  longitudinal  mode 
characteristic  equation  as  follows: 

A  :G|X0=  34. 6(  -587)  x  106  =  -20.3  x  109 

B  =  G,  Xu  +  G2Xu  +  G3Xyr  +  G4Xg 

s  [34. 6(  -32. 1)  +  84.7  (  -587  )-2 . 45  (-0.0413)]x  106 
=  -*0.8  x  109 
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C  ■  G2  Xu  +  G3  Xw-  +  G4Xg  +  G5  X u  +  G6Xw-  +  G7  Xg 

=  [84. 7( -32.1)  -  2.45(57.9)  -  0.166(-7788) 

+  216C-587)  -  39.2C-0.0413)]  x  106=  -128xl09 

D  =  G4X^  +  G5Xu+G6Xvr  +  G7X0  +  G8Z^ 

=  [-0. 166( -18855 )  +  216C-32. 1)  -  39.2(57.9) 

-0. 167(  -7788)  -  0 . 5  5  (  -1329)]  x  106=  -4.05xl09 

E  =  G7  X  ^  +  G9  Z  g 

=  [-0. 1 6 7 (  -18855  )  -  0. 0456(  -1329)]  x  10® 

=  3.20  x  109 

(c)  Divide  all  the  coefficients  by  the  coefficient  A; 
obtain  the  following  uncoupled  longitudinal  mode 
characteristic  equation  for  the  sample  compound 
helicopter: 


A4  +  2.50  A3  +  6.32  A2  +  0.199 A  -  0.157  =  0 


11.5.1.2  Criteria  for  Stability 

Aa  discussed  in  Section  8.4,  the  necessary  and  sufficient 
conditions  for  stability  are  that  all  the  coefficients 
of  the  characteristic  equation  (B,C,D,  and  E)  be 
greater  than  zero  when  A  >  0,  and  also  the  Routh 
discriminant  R*  >  0. 

It  can  be  noted  that  in  the  sample  case,  the  normalized 
coefficient  E  is  smaller  than  zero  when  A,  B,  C,  and  D 
are  greater  than  zero.  Since  there  is  only  one  sign 

change  in  the  normalized  coefficients  A,  B  .  E, 

there  will  exist  at  least  one  positive  (unstable)  real 
root . 
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Therefore,  the  sample  aircraft  will  possess  at  least 
one  divergent  aperiodic  longitudinal  mode,  regardless 
of  whether  the  Routh  discriminant  is  positive  or 
negative . 

11.5.1.3  Solution  of  the  Characteristic  Equation 

The  solution  of  the  stability  characteristic  equation 
(quartic)  for  the  example  compound  helicopter  can  be 
obtained  utilizing  the  analytical  method  of  Section  8.5. 
The  calculative  procedure  is  as  follows: 

(a)  The  normalized  coefficients  (A,  B,  ...  E)  of  the 
characteristic  equation  as  computed  in  Subsection 
11.5.1.1  are: 

AA  +  3  A  +  C  A  +  D  A  +  E  =  0 

where 

A  =  1,  B  =  2.50,  C  =  6.32,  D  =  0.199,  E  =  -0.157 

(b)  Calculate 

S*  =  BD  +  C2  -  4E 

=2.50(0.199)  +  (6.32 )2-  4( -0.157)  =  41.016 
2  2 

R*  =  BCD  -  EB  -  D 

=  2.50(6.32X0.199)  +  0.157(2 . 50)2-  0.199 
=  4.074 

(c)  Compute 

1  2 
h,  =  3<3S*  -  4CZ) 

=  y[3(41.016)  -  4(6.32  )2]  =  -12.173 

h2  =  ~(18CS*  -  16C3  -  27R*) 

=  2y[l8(6.32)(41.016)  -16(6. 32)3-  27(4.074)] 

=  19.323 
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(cl)  Evaluate  the  discriminant  (A) 


A.iAiii! 

°  4  27 

•  +  26.536 


(e)  Determine  the  value  of  (  II n  ). 

Since  A  in  step  (d)  is  greater  than  zero,  then 


nn  W~~2  +  J 


f -VA 


* -4.106 


(f)  Compute 


C  1  nn  +  ^  < 


.4.106  +  il6.32)  <  (2,50)' 
3  4 


0.105  <  1.556 


(g)  Calculate 

.  c-C7)  .  /S-iir  _ 
5  —  +Vi— 2— )-e 


.  6.32  -  0.105 
2 


6.32-0, 105 . ” 


)  +0.157 


=  6.235 
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V 


-0.025 


=  -£-=  -Q-I57 
5  6.235 

-  -  P~-BS  .  0.199  -2,495(6.235)  „  2  u-, 

~  '  -0.025  -6.235  "  * 

£  £B-t9  =  2.495  -2.453  =  0.042 

(h)  Finally,  determine  the  fou-*'  roots  of  the  stability 
quart ic,  thus: 


.  .  A,  =  0.139  A2=  -0.181 

and, 


=  -1.227  ±  2.175  i 
A3  --  -1.227  +  2.175  i 
A4  =  -1.227  -  2.175  i 


11.5.1.4  Roots  of  the  Characteristic  Equation 

The  roots  of  the  characteristic  equation  computed  above 
consist  of  one  positive  real  root  (A,  =  0.139),  one 
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negative  real  root  (Ap  -  -0,181),  and  a  pair  of 
complex  roots  (A34  =  -1.227  +  2.175  i). 

The  positive  real  root  (A,  )  corresponds  to  aperiodic 
divergence  having  time  to  double  the  amplitude  of  about 
4.99  sec.  The  negative  root  (A2  )  corresponds  to 
aperiodic  convergence  having  time  to  half  the 
amplitude  of  about  3.83  sec,  which  corresponds  to  a 
time  constant  of  5.52  sec.  The  complex  pair  (A3)4  ) 
corresponds  to  a  rapidly  convergent  oscillation  h’av  ing 
a  period  of  about  2.89  sec  and  a  time  to  half  the 
amplitude  of  0.56  sec.  This  corresponds  to  an 
oscillation  frequency  of  0.346  c.p.s.  and  a  time 
constant  of  0.815  sec. 

It  can  be  concluded,  therefore,  that  the  sample 
compound  helicopter  is  slightly  unstable  in  the  long¬ 
itudinal  mode. 

11.5.2  Uncoupled  Lateral  Mode 

11.5.2.1  Coefficients  of  the  Characteristic  Equation 

(a)  Utilizing  the  total  aircraft  stability  derivatives 
presented  in  Table  I  of  Subsection  11.4,  compute 
the  following  terms: 


H,  =L£N^-N£lp=  (-14920)(-56800)  ^  847  x  106 

=(-18467)(-56800)+(-l4920)( -56800)  =  1896  x  106 
H  3 

-C -18468) ( -32671)-( -10933 )( 3362 )  =  640  x  106 
H„  =NvL^-LvNp  -f  -60. 8V  -56800)  •=  3.45  x  106 
H5  ^Lv  N£-Nv  L£  =  -( 624)  ( -14920 )  =  9.30  x  106 
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I 


h6  --nv  L^,-Lv 

I 

=  (624)(3362)-(-60.5)(-3267l)  -=  0.111  x  106 
Hr  =LV  N^-Nv 

= (-60. 8)(-10933)-(624)( -18468)  =  12.2  x  106 

(b)  Calculate  the  coefficients  of  the  lateral  mode 
characteristic  equation  as  follows: 

a.  =  H,  Y;  =  847( -587)xl06  =  -497xl09 
B  =  H ,  Yv  +  H2  Y$ 

=  [847(-40.9)+1896(-587)j  xl06=-1147> 109 

C  =  H  j>  Yv  +  H3Y0  <-H4Y^  +  H5Y^ 

=  [l89 6(- 40. 9)+640(-587)-3. 45(7976) 

■*9.30(  -128911)  j  xl06=-1679x!09 

D  *  H3Yv  +  H4Y^+HsY^  +  H6Y^+H7Y^ 

-  [640( -40.9 )-3. 45(18900 )  +  9. 30(1329 )+0. 111(7976) 

+12 . 2 ( -128911 ) j  xlO6  =  -1649xl09 

E  -  HeY^  +  H7  Y^ 

-  [0. Iil(18900)+12. 2(1329)  ]  xlO6  =  18.3xl09 
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(c)  Divide  all  the  coefficients  by  the  coefficient  ' 

A;  obtain  the  follo^'ng  uncoupled  lateral  mode  / 

characteristic  eqm  on  for  the  sample  compound 
helicopter: 

A[A4+2.306A3+3.375A2  +  3.3I4A-0.037]  *  0 

11.5.2.2  Criteria  for  Stability 

In  the  characteristic  equation  above,  we  can 
consider  A  =  0  to  be  a  root  of  the  equation  and  then 
deal  only  with  the  remaining  quartic  equation.  In 
this  quartic  equation,  only  the  normalized  co¬ 
efficient  E  is  smaller  than  zero,  while  A,  B,  C, 
am*  D  are  greater  than  zero.  Since  there  is  only 
one  sign  change  in  the  normalized  coefficients  A, 

B . E,  there  will  exist  at  least  one  positive 

(unstable)  real  root. 

Therefore,  the  sample  aircraft  will  possess  at 
least  one  divergent  aperiodic  lateral  mode,  regard¬ 
less  of  whether  the  Routh  discriminant  is  positive 
or  negative. 

11.5.2.3  Solution  of  the  Characteristic  Equation 

The  solution  of  the  stability  characteristic  equation 

(quartic)  for  the  sample  compound  helicopter  can  ' 

be  obtained  utilizing  the  analytical  method  of 

Section  8.5.  The  calculative  procedure  is  as 

follows: 

(a)  Determine  the  normalized  coefficients  (A, 

B...E)  of  the  characteristic  equation 

a4 +ba3+  CA2  +  DA  +  E  -  0 


where 

A  =  1,  B  s  2.306,  C  =  3.375,  D  =  3.314,  E  =  -0.037 
(b)  Calculate 

S*  as  BD  +  C2  -4E 

=  2.306(3,314)+(3.375)2-4(-0.037)-  19.180 
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R*  =  BCD-EB  -D 


=  2.306(3.375)(3.3l4)-(-0.037y 2.306)2-(3.314)2 
=  15.003 

(c)  Compute 

h,  -  j(3S*-4C2') 

=  3  [3(19 .18)-4(3. 375 )2  ] 

=  3.993 

h2  =  77  [  18CS*-16C3-27R*] 

-77  [ 18(3.375)(19.18)-16(3.375)3-27  (15.1003)] 
=  5.371 

(d)  Calculate  the  discriminant  (  A  ) 


.  (5.371)2  .  ( 3 . 993)3  _ 

- 4 -  +  “27 -  '  9’568 

(e)  Determine  the  value  of  ( nn  ) . 

Since  A  in  step  (d)  is  greater  than  zero,  then 

nn-V'-^  +  VT  + 

=  -1.052 
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(f) 


Compute 


r  ft  4.  2  C  B2 
C7?  '  "n  +  3“  ^  ” 

=  -1.052  +  -|(3.375)  <  (  2 •  - 

=  1.198  <  1.329 


(g)  Calculate 


-  3.375  -  1.198 
2 


3,375-1.198 

2 


7 


(-0.037) 


=  2.192 


z0».Q37.  =  -0.016 

5  2.192 


V 


.  0  -Bs  .  3.314  -  2.306(2.192)  _  n 
u-<;  *  -0.016  -  2.192  “ 


C,  -  Q  ~  7)  •  2.306  -  0.788  =  1.518 


(h)  Finally,  determine  the  four  roots  of  the  stability 
quart ic,  thus: 


* 


i+  /r 

2  “  V  l2 


2 

)~V 


±v/(U|i^.  c.o.016) 


.A,  =  o.oio 


A2=  -1.528 


and. 


A  3,4  •  “  2  "  'V^Z  ^  ~  ^ 

=-°-^88  +  )2  -  2.192 

=  -0.394  ±  1.427  i 


\ 


A3  «  -0.394  +  1.427  i 
A4  =  -0.394  -  1.427  i 
and  A5=  0 


11.5.2.4  Roots  of  the  Characteristic  Equation 

The  roots  of  the  characteristic  equation  computed  above 
consist  of  one  zero  root  (A5=0),  one  positive  real  root 
(A, =0.01) ,  one  negative  real  root  (A2=-l . 528) ,  and  a 
pair  of  complex  roots  (A3i4  =  -0.394^1.427  i). 

The  zero  root  (A3)  corresponds  to  a  neutrally  stable 
mode.  The  positive  real  root  ( A.f  )  corresponds  to  a  slow 
aperiodic  divergence  having  time  to  double  the  amplitude 
of  about  69.3  sec.  The  negative  root  (A2)  corresponds 
to  a  very  rapid  aperiodic  convergence  having  time  to  half 
the  amplitude  of  about  0.45  sec,  which  corresponds  to  a 
time  constant  of  0.65  sec.  The  complex  pair  (A3  4  ) 
corresponds  to  a  rapidly  convergent  oscillation  having  a 
period  of  about  4,4  sec  and  a  time  to  half  the  amplitude 
of  1.76  sec.  This  corresponds  to  an  oscillation  fre¬ 
quency  of  0.227  c.p.s.  and  a  time  constant  of  2.54  sec. 

It  can  be  concluded,  therefore,  that  the  sample  compound 
helicopter  is  only  slightly  unstable  in  the  lateral  mode. 


11.6  AIRCRAFT  RESPONSE 


The  most  convenient  way  of  computing  aircraft  response 
due  to  control  inputs  or  external  disturbances  is  through 
the  use  of  an  analog  computer  program,  such  as  discussed 
in  Section  10.  The  response  calculations  for  the  sample 
compound  helicopter  are  performed  in  Section  10.2  and 
will  not  be  duplicated  in  this  section.  The  dynamic 
stability  response  results  described  in  Figures  2,  3,  and 
4  of  Section  10.2  show  that  the  sample  aircraft  is 
controllable  in  all  stability  modes  despite  the  fact  that 
certain  modes  exhibit  divergent  trends  (e.g.,  response 
of  ,  6  due  to  longitudinal  cyclic  pulse. 

The  time  to  double  the  amplitude  of  the  divergent  modes 
is  generally  in  excess  of  10  seconds  and  is  therefore 
sufficiently  long  for  the  pilot  to  apply  a  corrective 
control  input  before  undesirable  excursions  have  time 
to  develop. 
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